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FOREWORD 


This  report  reviews  the  results  of  an  investigation  of  hypersonic 
flow  separation  and  control  characteristics  conducted  by  the  Research 
Department  of  Grumman  Aircraft  Engineering  Corporation,  Bethpage,  New 
York,  The  program  was  supported  primarily  under  Contract  AF33 (616) -8130, 
Air  Force  Task  821902,  Project  8219.  The  Air  Force  Project  Engineers 
were  Messrs,  Donald  E,  Hoak  and  Wilfred  J,  Klotzback  of  the  Flight 
Control  Division  of  the  Air  Force  Flight  Dynamics  Laboratory,  The 
laboratory^  located  at  Wrigbt-Patterson  Air  Force  Base,  Ohio,  is  part 
of  the  Research  and  Technology  Division  of  the  Air  Force  Systems  Command, 

The  authors  wish  to  thank  Messrs,  Hoak  and  Klotzback  for  their 
encouragement  and  guidance  and  thank  Dr.  Richard  Oman,  of  the  Grumman 
Recearch  Department,  for  his  many  helpful  discussions  and  consultations 
throughout  the  course  of  the  investigation  described  herein. 


ABSXIi^CT 


Hypersonic  flow  separation  and  its  effects  on  control  character¬ 
istics  were  investigated  analytically  and  experimentally.  Included 
are  conclusions  drawn  from  extensive  test  oata  for  hypersonic  flows 
over  "basic”  geometries  and  over  "typical"  iiight  configurations  vrlth 
aerodynamic  controls. 

The  basic  flow  geometries  discussed  '^I^c3•'de:  separation  on  flat 
plates  ahead  of  ramps  (f li.ps) ;  flows  over  sharp  expansion  comers; 
"breakaway*’  separation;  and  fin  plate  interactions.  Force  data  and 
limited  pressure  and  heating  rate  distributions  are  presented  for  the 
flight  configurations  for  various  trailing  edge  flap  settings.  As  a 
supplement  to  this  work,  available  sources  of  pertinent  hypersonic 
controls  data  are  tabulated  in  the  Appendix, 

This  technical  report  has  been  reviewed  and  is  approved. 


AW.  k,SWm,  Jr, 

Colon^,  USAP 

Chief,  Flight  Control  Di-vision 
AF  Flight  Dynamics  Laboratory 
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INTRODUCTION 


Sudden  and  large  changes  in  aerodynamic  control  characteristics 
frequently  result  when  the  airflow  separates  from  a  surface.  The 
problem  of  flow  separation,  important  for  low  speed  flows,  is  even 
more  severe  for  hypersonic  flows  because  of  the  latter's  high  energy 
levels.  Separated  flows  and  their  effects  on  control  characteristics 
must  be  understood  with  reference  to  the  future  design  of  controllable 
hypersonic  vehicles.  This  need  led  to  the  research  investigation  of 
hypersonic  flow  separation  and  control  characteristics  described  here¬ 
in.  A  comprehensive  literature  search,  conducted  at  the  outset  of  the 
investigation  (Ref.  l),  indicated  a  severe  lack  of  hypersonic  flow 
control  data.  To  help  fill  the  void,  the  subject  investigation  was 
principally  experimental  in  nature,  but  includes  some  two  dimensional 
flow  analyses.  To  provide  maximum  usefulness  of  the  test  results  as 
early  as  possible,  they  were  presented  without  analyses  in  a  series 
of  widely  available  data  reports  (Refs.  2  through  23).  Thus,  the 
over-all  program  provides  a  broad  base  of  experimental  data  required 
for  the  future  development  of  analytical  methods  for  estimating  sep¬ 
aration  effects  and  aerodynamic  control  characteristics  in  hypersonic 
flows  (see  Pig.  1,  page  2 J . 

Pressure  rises,  due  to  trailing  edge  flaps  for  example,  are  prop¬ 
agated  through  tne  boundary  layer  and  can  cause  separation  far  upstream 

of  the  flap.  Depending  on  the  severity 
of  the  separation,  reattachment  may  not 
occur  until  the  trailing  edge  of  the  flap 
(see  sketch) .  In  this  event  the  load  due 
to  the  pressure  ahead  of  the  flap  may  well 
exceea  that  due  to  the  flap  surface 
pressures  (which  are  reduced  by  the 
blanketing  separated  flow),  thereby  re¬ 
ducing  and  possibly  reversing  the  de¬ 
sired  moment.  In  addition  to  causing 
possibly  drastic  shifts  in  loads,  the  high  energy  levels  of  hyper¬ 
sonic  flows  can  cause  extremely  high  heating  rates  and  pressures  at 
reattachment.  Indeed,  as  shown  herein,  at  reattachment  the  local 
pressures  and  aerodynamic  heating  rates  can  be  more  than  twice  as 
large  as  those  at  the  stagnation  points  of  blunt  nosed  entry  config¬ 
urations  . 

In  hypersonic  flows,  pressure  loads  produced  by  compression  sur¬ 
faces  are  orders  of  magnitude  larger  than  those  produced  by  expansion 
surfaces.  Consequently,  effective  aerodynamic  controls  usually  in¬ 
volve  compressions  of  the  local  stream  flow  (or  pressure  relief  for 
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Separated  Flows  Ahead  of  Ramps 
Fore  and  aft  flaps ,  end  plates 
3  separate  models: 

1)  Pressure  and  heat  transfer,  AEDC  Tunnels 
A  &  B.  M  -  5  &  8.  Refs.  S.  8,  and  9. 

2)  Controlled  wall  temperature,  pressure, 
AEDC  Tunnel  B,  M  »  8,  Refs.  6  and  8. 

3)  Pressure  and  heat  transfer,  Grumman  Shock 
Tunnel,  M  =  13  &  19,  Ref.  7. 


Fin-Plate  Interaction 

Small  and  large  fins  with  sharp 
and  blunt  leading  edges 
2  separate  models: 

1)  Pressure  and  heat  transfer,  AEDC  Tunnels 
A&B,M>3&8,  Refs.  8  through  11. 

2)  Pressure  and  heat  transfer,  Grumaan  Shock 
Tunnel,  M  =  13  &  19,  Ref.  7. 


Clipped  Delta,  Blunt  Leading  Edge 

Center  body,  T.E.  flaps,  drooped  nose, 
spoiler,  tip  fins 
3  separate  models: 

1)  Pressure  and  heat  transfer,  AEDC  Tunnels 
A&B,M~S&8,  Refs.  9  and  12  through  15. 

2)  Pressure,  AEDC  Hotshot  2, 

M  B  19,  Refs.  16  and  17. 

3)  Six  component  force,  AEDC  Tunnels 
A  &  B,  M  -  5  &  8,  Refs.  IS  and  18. 


Pyramidal,  Blunt  Leading  Edge,  Dihedral 
T.E.  flaps,  canard,  ventral  fin 
3  separate  models : 

1)  Pressure  and  heat  transfer,  AEDC  Tun.iels 
A&B,MbS£i8,  Refs.  9  and  19  through  21. 

2}  Pressure  and  heat  transfer,  Grumman  Shock 
Tunnel,  M  =  21,  Ref.  22. 

3)  Six  component  force,  flap  loads,  AEDC 

Tunnels  A&B,  M>S&8,  Refs.  21  and  23. 


Figure  1.  Photographs  of  Models  and  Remarks  for  Over -All  Program 


preloaded  control  surfaces).  Therefore,  shock- induced  separation 
ahead  of  compression  surfaeeB  is  the  most  pertinent  type  for  hyper¬ 
sonic  controls  and  has  received  most  attention  (Ref.  l);  it  is  the 
subject  of  the  following  two  sections.  Following  these  sections  are 
summaries  of  the  resuljs  of  our  investigations  of  flows  over  sharp 
expansion  comers,  and  shock -wave  boundary -layer  Interactions  due  to 
hypersonic  flows  past  fins  mounted  on  flat  plates.  The  results  in¬ 
clude  conclusions  drawn  from  a  substantial  amount  of  hypersonic  test 
data  generated  for  the  experimental  portion  of  the  investigation. 

The  experimental  techniques  used  in  obtaining  the  data  are  described 
briefly  and  presented  along  with  descriptions  of  the  models. 

In  addition  to  pressure  and  heating  rate  distributions,  force 
and  moment  data  and  flap  loadings  were  obtained  on  tw6  "typical" 
hypersonic  flight  configurations  with  assorted  aerodynamic  control 
surfaces  (see  Pig.  l).  The  data  are  used  in  describing  the  effects 
of  separation  on  control  characteristics  and  effectiveness.  Litera¬ 
ture  sources  of  supplementary  Information  on  a  wide  variety  of  hyper¬ 
sonic  aerodynamic  controls  are  listed  in  the  Appendix. 


BOUNDARY  LAYER  METHODS  FOR  SEPARATED  FLOWS 


Boundary  layer  separation  is  generally  well  known  to  be  a  result 
of  flow  against  a  pressure  gradient.  Low-momentum  layers,  near  a  wall, 
that  cannot  overcome  an  adverse  pressure  gradient  will  slow  down. 

If  the  normal  component  of  the  velocity  gradient  at  the  wall  reaches 
zero,  the  boundary  layer  will  separate  from  the  wall.  The  point, 
where  the  shearing  stress  is  zero,  is  defined  as  the  separation  point 
(in  three-dimensional  flow  this  is  not  a  necessary  condition  for 
separation) . 

Despite  this  simple  description,  separation  phenomena  are  rather 
complex.  The  adverse  pressure  gradient  may  be  an  effect  of  body 
geometry  on  the  inviscid  stream,  or  may  be  caused  by  a  shock  wave 
impinging  on  a  boundary  layer,  or  both.  Thickening  of  a  boundary 
layer  from  various  causes  including  an  adverse  pressure  gradient 
affects  the  pressure  distribution.  When  significant,  this  phenomenon  is 
know,n  as  a  viscous  interaction.  Three-dimensional  effects  also  com¬ 
plicate  the  problem.  One  might  intuitively  expect  cross-flow  of  low 
energy  layers  near  a  wall  to  change  the  thickness  of  the  boundary 
layer,  affect  the  location  and  definition  of  the  separation  point, 
and  distort  the  usual  conception  of  a  separation  bubble. 

Mathematically,  the  separation  point  in  two-dimensional  flow  is 
a  singularity  in  the  boundary  layer  equations.  To  deal  with  the  fluid 
mechanics  rigorously  in  the  neighborhood  of  this  point  requires  the 
inclusion  of  more  terms  of  the  Navier-Stokes  equations  that  are 
usually  accounted  for  in  boundary  layer  analysis. 

Because  of  the  complexity  of  a  rigorous  approach  to  the  separa¬ 
tion  problem,  attempts  have  been  made,  some  more  sophisticated  than 
others,  to  use  approximate  or  semi-empirical  methods.  In  our  previous 
survey  (Ref.  l),  we  discussed  the  Crocco-Lees  mixing  theory  and  the 
attempts  made  to  apply  or  modify  it.  This  method,  because  of  its 
complexity,  and  because  it  produces  results  that  are  no  more  accurate 
than  simpler  methods,  seems  to  have  been  by-passed  in  the  more  recent 
investigations.  A  brief  reviev;  of  our  work  is  presented  below,  fol¬ 
lowed  by  a  summary  of  a  few  of  the  more  promising  of  the  recent  in¬ 
vestigations. 

Modified  Dorodnltsvn  Strip  Method 

We  attempted  to  use  a  Dorodnitsyn  Strip  Method  (Ref.  24)  modified 
as  suggested  by  Donaldson  (Ref.  25),  to  predict  the  location  of  a 
separation  point  together  with  velocity  and  temperature  profiles  within 
a  separation  bubble  for  two-dimensional  or  axially-symmetric  laminar 
compressible  flow. 


The  method  appeared  to  have  all  the  advantages  of  finite  dif¬ 
ference  methods  Including  the  prospect  of  eventually  allo\. ’.ng  one  to 
use  second  order  terms  of  the  Navier-Stokes  equations.  Also,  it  was 
hoped  that  increased  accuracy  could  be  attained  eventually  by  using 
narrower  strips. 

The  boundary  layer  was  divided  into  N  strips  parallel  to  the 
wall.  Across  each  strip,  the  momentum  and  energy  equations  were  in¬ 
tegrated.  The  integrand  in  each  term  was  considered  to  be  a  linear 
function  of  the  normal  physical  coordinate,  z,  which  enabled  us  to  use 
the  trapezoidal  rule  to  evaluate  each  integral. 

The  resulting  set  of  simultaneous  ordinary  differential  equations 
was  solved  with  an  Adam's  Pour  Point  numerical  method  on  an  IBM  709^ 
computer.  We  obtained  reasonably  accurate  profiles  for  the  compres¬ 
sible  case  with  heat  transfer  and  were  able  to  predict  the  approxi¬ 
mate  location  of  the  separation  point,  using  a  known  adverse  pressure 
distribution.  We  were  not,  however,  able  to  pass  through  the  separa¬ 
tion  point  into  the  reverse  flov/  region,  apparently  because  of  numer¬ 
ical  instability  of  the  solution. 

The  applicable  numerical-stability  criterion  seems  to  follov/  the 
expression  pu(  Az)^  /  (  p  Ax),  v;here  p  and  u  are  the  density  and  ve¬ 
locity,  respectively;  u  is  the  absolute  viscosity;  A  z,  the  str.lp 
width,  and  Ax  the  Increment  of  the  streamwise  coordinate.  The  nu¬ 
merical  value  of  this  criterion  at  any  strip  must  be  greater  than  a 
certain  positive  number  (see  discussion  in  Ref.  26).  Jlence  a  negative 
velocity  in  the  reverse  flow  region  causes  numerical  instability. 

The  criterion  also  limits  the  attainment  of  high  accuracy  without 
exhorbitant  computer  time;  if  az  is  divided  in  half  then  Ax  must  be 
divided  by  eight  (u  Az  near  wall). 

Summary  of  Selected  Methods 


We  reviewed  a  large  number  of  publications  that  have  appeared 
since  our  previous  survey  (Ref.  l).  However,  rather  than  write  an 
exhaustive  supplement,  we  believed  it  would  be  more  useful  to  limit 
our  discussion  here  to  a  few  that  appeared  to  be  both  novel  and  prom¬ 
ising  either  in  method  or  resuJts.  The  following  four  investigations 
seemed  to  fulfill  this  criterion. 

Lees  and  Reeves  (Ref.  27)  developed  an  Integral  technique  to 
predict  pressure  distributions  generated  by  a  viscous  interaction  in 
laminar  flow.  Integral  techniques  generally  make  use  of  polynomial 
expansions  to  express  the  velocity  and  enthalpy  profiles  in  the  var¬ 
ious  terms  of  the  integral  equations  of  the  boundary  layer.  In  the 
Pohlhausen  method  the  coefficients  of  the  polynomial  are  all  expressed 
in  terms  of  one  parameter  that  relates  the  shape  of  the  velocity  pro¬ 
file  in  the  boundary  layer  to  the  local  pressure  gradient.  Lees  and 
Reeves  use  a  different  parameter,  following  Tani  (Ref.  28).  This 
parameter  is  essentially  the  nondimens ional  slope  of  the  velocity 
profile  at  the  wall.  However,  rather  than  use  a  quartic  polynomial 
expansion  as  Tani  did,  the  authors  use  simple  algebraic  functions  of 
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this  parameter  to  represent  Tiow  berms  cf  the  integral  equations. 

The  functions  were  found  by  curve  fitting  the  similar  solutions  of 
Cohen  and  Reshocko  (itef.  29),  including  the  reverse-profile  solutions 
for  separated  flow.  Using  these  functions,  the  integral  equations 
were  solved  simultaneously  with  a  Prandtl-Meyer  expression  relating 
the  inclination  of  the  local  external  streamline  with  the  local  ex¬ 
ternal  Mach  number.  The  results  correlated  rather  well  with  experi¬ 
mental  pressure  distributions. 

Erdos  and  Pallone  (Ref.  30)  exploit  to  good  advantage  the  concept 
of  a  free  interaction  for  both  laminar  and  turbulent  flows.  A  free 
Interaction  is  defined  as  an  interaction  v;here  the  pressure  distri¬ 
bution  is  not  directly  influenced  by  down-stream  geometry.  Chapman 
et  al.  (Ref.  31)  found  in  their  experiments,  free-interactions  up  uo 
the  pressure-plateau  region  in  laminar  flow,  and  free-interactions  up 
to  the  separation  point  in  turbulent  flow  as  shovjn  in  the  following 
sketch . 


Erdos  and  Pallone  follow  the  approach  used  in  Ref,  31  and  couple 
an  invlscid  linear  relation  with  the  boundary  layer  eqxiations  at  a 
wall  to  derive  an  expression  for  the  pressure  distribution  as  follows 
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where  C  is  the  pressure 
of  the  ^interaction; 


coefficient  based  on  conditions  just  upsti’eam 


is  the  Reynolds  number  based  on  x^; 


X  is  the  streamwise  surface  distance;  subscript  1  locates 
quantities  In  the  local  undisturbed  flow  Just  upstream  of  the 
interaction; 

n  =  1/2  for  laiT'nar  flow  and  1/5  for  turbulent  flow, 

^  is  a  factor  to  correct  for  the  discrepancy  betv/een  the 
Invlscid  linear  relation  and  the  nonlinear  inviscid  flow  and 
has  a  value  close  to  unity; 

f 3  [  (x-x^)/!!]  is  a  universal  function,  determined  empirically 
from  a  single  set  of  pressure  measurements  (Ref.  31 )  for  a  free 
interaction  (curves  of  f3  are  presented  in  Refs.  30  or  32  for 
both  laminar  and  turbulent  flow); 

11  is  the  length  of  the  interaction  region;  and 

/Tj^)  is  a  function  of  the  Mach  number  =nd  ratio  of 

wall  temperature  to  temperature  at  the  edge  of  the  boundary 

layer,  (this  function  is  obtained  from  the  solutions  of 

Van  Driest  (Ref.  33),  and  plots  of  g  are  presented  in  Ref.  32). 


This  expression  for  the  pressure  distribution  was  used  in  con¬ 
junction  with  the  boundary  layer  method  of  Ref.  3^  to  calculate  re- 
verse-flow  profiles.  Agreement  with  experimental  data  was  good. 

Erdos  and  Pallone  also  derive  an  expression  for  the  length  of  the 
Interaction  region  that  agrees  reasonably  well  with  experimental  data. 

They  use  the  "dividing  streamline"  concept  first  suggested  in  Ref. 

31  to  develop  an  empirical  method  for  calculating  the  length  of 
the  separating  streamline  and  the  locations  of  the  separation  and  re- 
rttachment  points  for  a  compression  comer. 

Erdos  and  Pallone  also  show  how  the  free-interaction  concept  can 
be  used  fer  estimating  base  pressure  and  the  wake  angle  in  the  near 
wake  of  a  slender  body,  by  assuming  that  a  free  interaction  occurs  at 
the  trailing  shock.  Further,  they  show  how  a  shock  interaction  stronger 
than  a  free  Interaction  must  cause  separation,  throwing  some  light  on 
the  problem  of  incipient  separation. 

Pallone  (Ref.  3^)  developed  a  modified  Dorodnitsyn  integral  strip 
method  combined  with  a  Pohlhausen  approach.  The  boundary  layer  was 
divided  into  a  number  of  strips  parallel  to  the  flow  and  a  set  of 
governing  equations  for  each  strip  was  integrated  from  the  wall  to  the 
boundary  of  each  strip.  Polynomial  profiles  were  used  to  represent 
the  flow  terms  in  each  strip.  The  set  of  ordinary  differential  equa¬ 
tions  that  resulted  was  then  solved  nunerically  with  an  imposed 
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the  Investigation  discussed  above  (Ref.  30)  to  calculate  reverse  flow 
profileB  In  a  Separated  I'egion, 


Libby  et  al.  (Ref.  35)  study  effects  of  three-dimensional  bound- 
iry  layer  flow  in  the  neighborhood  of  a  centerline  of  symmetry  of  a 
flat  plate  surface  of  a  hypersonic  inlet  in  laminar  flow.  Both  a 
similar  solution  (with  certain  restrictions  required  for  three-dimen¬ 
sional  flow)  and  an  integral  method  are  used  with  known  adverse  pres¬ 
sure  gradients.  The  solutions  by  both  methods  indicate  that  thinning 
of  the  boundary  layer  and  delaying  of  separation  can  be  quite  signif¬ 
icant  as  a  result  of  the  spilling  of  layers  of  low  energy  fluid  near 
the  wall  away  from  the  centerline  of  symmetry.  The  solutions  also 
indicate,  for  the  stream  and  body  conditions  considered,  that  very 
small  angles  of  attack  produce  significantly  large  crossflows.  The 
results  indicate  the  general  applicability  of  the  method  and,  in 
particular,  the  applicability  of  the  method  to  hypersonic  control 
surfaces . 


Xk  *  A  -I-  A  •XT-*  A  Tx  r\  A  AaTse% 
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Separation  ahead  of  a  ramp  is  probably  the  most  important  single 
type  of  separation  pertinent  to  investigations  of  aerodynamic  control 
characteristics.  Depending  on  the  flow  conditions  and  the  height  of 
the  ramp,  the  flow  may  or  may  not  reattach  on  the  ramp  surface. 
Further,  the  separation  can  be  either  of  the  "free  interaction"  type 
mentioned  in  the  preceding  section,  or  can  be  influenced  by  down¬ 
stream  conditions.  Plow  se^-  'ration  ahead  of  ramps  has  been  the  sub¬ 
ject  of  many  experimental  liwestigations  in  the  supersonic  range, 
however  hypersonic  flow  data  are  sparse. 

Models  of  simple  geometry  are  essential  for  basic  studies  of  flow 
separation  phenomena.  Accordingly,  we  tested  flat  plate  models  with 
various  ramp  shaped  flaps.  Pressure  and  heat  transfer  data  were  ob¬ 
tained  for  flows  ahead  of  full  and  partial  span  trailing  edge  ramps 
(flaps)  for  wide  ranges  of  ramp 
angles,  plate  angles  of  attack, 
and  free  stream  conditions  (Refs. 

5  through  9)*  Three  wind  tunnel 
models  were  required  to  investi¬ 
gate  aspect  ratio,  end  plate,  and 
vjall  temperature  effects  on  sep¬ 
aration  for  various  Reynolds  num¬ 
bers  and  nominal  free  stream  Mach 
numbers  of  5^  8^  13  and  19.  (See 

sketch  and  pages  41  -  60 
herein  for  descriptions  of  test 
facilities,  ranges  of  test  vari¬ 
ables,  and  models.) 

The  models  had  square  planforms  and  25  percent  chord  trailing 
edge  ramps.  One  of  the  models  also  had  a  forv;ard  ramp  that  could  be 
deflected  at  angles  up  to  90°  with  respect  to  the  flat  plate  surface. 
In  addition  to  providing  data  for  flows  ahead  of  forward  facing  steps 

(or  "spoilers"),  the  forward  ramp  provided 
data  for  examining  leading  edge  effects. 
Further,  it  provided  data  for  wider  ranges  of 
ramp  aspect  ratios  and  running  length  Reynolds 
numbers,  Re^.  The  ramp  chord  to  plate  length 
ratio  was  the  same  for  the  foi’ward  ramp  as 
for  the  trailing  edge  ramps.  For  the  same 
free  stream  conditions,  the  running  length 
Reynolds  numbers  for  the  forward  ramp  data 
were  one-third  those  for  the  trailing  edge 
ramp  data. 
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Evidence  of  the  Importance  of  Reynolds  number  effects  is  given 
by  the  sample  forward  ramp  data  shown  in  Fig.  2. 


Figure  2.  Centerline  Pressure  Distributions  on  Plate  and 
Face  of  Forward  Ramp  (step)  for  a  =  0 


Pressures  measured  on  the  flat  plate  and  ramp  surfaces  were  nondimen- 
sionalized  with  respect  to  free  stream  conditions  and  presented  in 
standard  coefficierxt  form.  The  pressure  coefficients  are  plotted 
versus  X,  the  streamwise  surface  distance  nondimensionalized  with  re¬ 
spect  to  the  model  length  (see  Fig.  26  .  page  50) .  Based  on  the  total 
model  length  (l2  inches),  the  forward  ramp  hinge  line  is  atX  =0.250 
and  its  trajling  edge  is  acX  =0.333*  The  pressures  exceed  the  flat 
plate  value  ahead  of  the  hinge  line  but  do  not  reach  their  maximum 
values  on  the  30°  ramp  uniil  near  the  rarpp  trailing  edge.  These  sep¬ 
aration  effects  become  more  pronovuiced  for  the  thicker  boundary  layers 
(lower  Re^  values)  and  higher  pressure  rises  (larger  ramp  deflections). 
Indeed,  the  plate  pressures  in  the  separated  flow  region  ahead  of  the 
forward  facing  step  were  essentially  equal  to  those  on  the  face  of  the 
step. 


Pressure  distributions  for  flows  over  full  span,  30°  trailing 
edge  ramps  are  presented  3n  Fig.  3*  The  pressure  distributions  and 
extent  of  the  separated  flow  regions  are  affected  markedly  by  changes 
in  the  free  stream  unit  Reynolds  numbers.  Regarding  the  forward  ramp 
data,  the  separation  effects  become  more  pronounced  for  the  thicker 
boundary  layers  (due  to  either  lower  Re^j  or  higher  M«  values).  The 
separation  point  moves  upstream  with  decreasing  Reynolds  number  and 
reattachment  is  delayed.  The  invlscid  wedge  values  (obtained  from 
shock  tables  for  30°  wedges)  are  not  attained  until  considerably  down¬ 
stream  of  the  hinge  line. 
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Figure  3.  Pressure  Distribution  for  Flows  Over  Full  Span, 
30°  Ramps  on  a  Flat  Plate  at  a  =  0 
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For  the  same  Reynolds  number,  the  extent  of  separation  increases 
with  Mach  number.  Further,  although  the  available  variation  in  Re  tp 
was  smaller,  the  pressure  distributions  indicate  the  increased  im¬ 
portance  of  Reynolds  number  eff€cts  with  increasing  Mach  number i 
Thus,  for  the  Mach  8  data,  laminar  separation  near  the  plate  leading 
edge  was  observed  for  Reeo /ft  *  1.1  million,  whereas  transitional 
separation  was  observed  for  Rew  /ft  =  3*3  million.  Photographic 
evidence  of  this  (but  for  a  5°  model  angle  of  attack)  is  provided  by 
the  shadowgraphs  shown  in  Fig.  4. 


a)  RBoo  /ft  =1.1  Million 


b)  Re 00  /ft  =  3.3  Million 


Figure  4.  Shadowgraph  Photographs  for  Mach  8  Flows  Over  a  Full  Span  30° 
Ramp  on  a  Flat  Plate  at  5°  Angle  of  Attack 


Finite  span  effects  are  examined  by  comparing  pressure  distri¬ 
butions  fo^  full  span  trailing  edge  ramps  with  and  without  end  plates 
and  for  a  .  rtial  span  trailing  edge  ramp  (Figs.  3  and  5).  The  ramp 
and  model  geometry  are  described  on  pages  47-52  herein  (see  also 
Fig.  1,  page  2,  for  a  photograph  of  the  model  with  end 
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plates).  The  extent  of  separation  is  least  for  the  partial  span  ramp 

A 4*  A  ^  «.»V%  ^  ^  jl..  j  _  *  » 
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of  the  vortical  reverse  flow  in  the  separated  region  ahead  of  the  ramp 
is  easiest  for  the  partial  span  ramp  but  is  essentially  prevented  by 
the  end  plates.  These  crossflow  effects  are  more  pronounced  for  the 
lower  Reynolds  numbers,  higher  Mach  numbers,  and  higher  pressure  rises. 


indeed,  for  Mach  8  flows  over  45®  ramps,  the  end  plates  strongly 
influence  the  surface  pressure  distributions  (see  Fig.  6).  The  flow 
separates  near  the  leading  edge  of  the  flat  plate  and  doesn't  reattach 
until  near  the  ramp  trailing  edge.  The  end  plates  prevent  venting  of 
the  separated  reverse  flow  and  delay  roattachrnent .  Thus,  they  sub¬ 
stantially  increase  the  amount  of  "trapped'*  flow  in  the  separated 
region  and  lead  to  a  considerably  larger  dividing  streamline  angle  at 
separation.  This  results  in  the  larger  pressures  measured  on  the  flat 
plate  surface,  rt  is  also  indicated  in  Fig.  6  that  the  ramp  pressures 
fall  far  below  the  estimated  inviscid  values  (constant  Cp  values;  the 
curves  faired  through  the  data  points  are  only  for  clarity  and  do  not 
represent  analytical  values).  Indeed,  with  end  plates,  the  force  due 
to  the  ramp  pressures  may  well  be  less  than  that  due  to  the  plate 
pressures  upstream  of  the  hinge  line,  with  possible  drastic  conse¬ 
quences  fcr  the  characteristics  of  ramp  shaped  controls  on  hypersonic 
vehicles . 


Even  when  the  model  was  pitched  5'",  making  the  flat  plate  surface 
leeward,  the  end  plates  led  to  positive  pressure  coefficients  on  the 
plate  surface.  These  pressures  are  comparable  to  those  obtained  at 
a«0  without  end  plates  (Pig.  6).  The  inviscid  wedge  value  of  the 
ramp  pressure  coefficient  was  calculated  using  Prandtl-Meyer  expan¬ 
sion  for  5°  from  Mach  8  and  then  estimating  the  pressure  rise  due  to 
a  sonic  wedge  shock  wave.  As  for  the  a  =  0  case,  the  end  plates  cause 
the  pressures  on  the  ramp  surface  to  be  far  less  than  the  inviscid 
values. 


Without  end  plates,  the  maximum  ramp  pressures  exceeded  the  in¬ 
viscid  wedge  values  in  several  instances  (Pigs.  6  and  7).  In  Fig.  7 
the  Mach  5  and  8  pressure  data  are  compared  for  trailing  edge,  full 
span,  ramps  on  flat  plates  at  o =  o  for  various  ramp  angles.  For  ramp 
deflections  of  30®  and  less,  the  pressure  coefficient  distributions 
ahead  of  the  hinge  line  are  insensitive  to  the  change  in  Mach  number. 
On  the  other  hand,  Mach  number  effects  are  quite  pronounced  on  the 
ramp  surface,  especially  near  reattachment.  The  Mach  8  data  presented 
in  Fig.  7  for  the  45°  ramp  were  obtained  from  a  different  test  run 
than  those  presented  in  Fig.  6.  The  repeatability  of  the  data  can  be 
seen  by  comparing  the  pressure  distributions  in  the  tvjo  figures. 

Very  high  pressures  were  measured  near  reattachment  on  the  ramp 
surfaces  when  the  model  was  pitched  at  positive  angles  of  attack  (flat 
plate  windward).  The  possibility  of  high  local  loads  at  reattachment 
is  due  to  the  comparatively  gradual  compression  of  the  flow  through 
many  oblique  shock  waves,  thereby  avoiding  strong  normal  shock  wave 
losses.  Typical  cases,  for  a  30°  full  span  trailing  edge  ramp,  are 
shown  in  Fig.  8  for  both  positive  and  negative  angles  of  attack 
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Figure  6.  Centerline  Pressure  Distributions  for  Mach  8  Flows  Over  Full  ^>an, 
45"  Ramps;  Re„/ft=  3,300,000 
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a)  Mach  5  Data 

Figure  8.  Pressure  Distributions  for  Flows  Over  Full  Span,  30°  Ramps  for  Various  Angles 
of  Attack  for  Re^  /ft  =  3,300,000  (sheet  1  of  2) 
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(referenced  co  the  flat  plate  surfac  )  for  unit  free  stream  Reynolds 
numbers  of  3-3  million.  Mach  5  data  are  presented  in  Pig.  8a  and 
Mach  6  data  are  presented  in  Fig.  8b. 

Sample  heat  transfer  data,  obtained  for  Moo -8,  1|,  and  19^  are 
presented  in  Pig.  9*  fhe  aerodynamic  heati  g  rates,  q  (BTU/ft^  sec), 
are  plotted  versus  the  same  nondimensional  distance  x  as  for  the  pres¬ 
sure  coefficients.  To  obtain  essentially  centerline  distributions  for 
both  the  pressure  and  heat  transfer  data,  it  was  necessary  to  offset 
sligi'itly  from  the  centerline  both  the  pressure  taps  and  thermocouples 
in  the  heat  transfer  models  (see  Pig.  26,  page  52).  Heating  rates 
obtained  for  flows  over  30^,  full  span,  trailing  edge  ramps  are  shown 
in  Pig.  9  for  three  free  stream  unit  Reynolds  numbers.  The  heat 
transfer  rates  decrease  from  their  leading  "edge  values  to  almost  zero 
at  the  separation  point,  increase  gradually  within  the  separation 
zone  and  increase  abruptly  at  reattachment.  The  heat  transfer  rates 
are  very  strongly  dependent  on  Reynolds  number  values  near  reattach¬ 
ment.  Re;yTiolds  number  dependence  for  flat  pDates  without  ramps  can 
be  accounted  for  by  presenting  the  data  in  terms  of  Nusselt  number/ 

J  Re^,  as  done  in  the  data  reports  (Refs,  5  and  7),  but  this  param¬ 
eter  loses  significance  for  the  ramp  data. 

In  addition  to  investigating  flow  separation  effects  on  the  aero¬ 
dynamic  heating  rates,  wt  investigated  the  effects  of  wall  temperature 
on  flow  separation.  This  was  particularly  desirable  because  the 
heating  rate  distributions  were  obtained  on  essentially  cold  wall 
models  whereas  the  corresponding  pressure  distributions  were  obtained 
on  hot  wall  models  (.see  pages  41  through  60).  Sample 
data,  obtained  using  an  internally  cooled  model,  are  shown  in  Pig.  10 
for  two  different  v/all  temperature  levels.  Again,  pressure  coeffi¬ 
cients  are  plotted  along  the  center  line  of  the  flat  plate  and  sur¬ 
face  of  a  30°,  partial  span,  trailing  edge  ramp.  Without  cooling,  the 
plate  and  ramp  wall  temperatures,  Ty  (°rT,  attained  their  equilibrium 
(zero  heat  transfer)  values.  Taw  (°h).  The  wall  temperatureswere  re¬ 
duced  to  about  a  third  of  these  values  with  internal  cooling.  The  wall 
temperature  effects  on  pressure  distributions  are  compared  for  three 
free  stream  unit  Reynolds  numbers.  Additional  data  for  examining  wall 
temperature  effects  are  readily  available  in  Ref,  6. 
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FLOWS  OVER  EXPANSION  CORNERS  AND  DOWNSTREAM  OP  RAMPS 


Further  insight  into  the  fundamental  fluid  processes  responsible 
for  flow  separation  was  gained  by  investigating  the  causes  of  "break¬ 
away"  separation.  This  type  of  separation  occurs  at  convex  comers 
where  the  local,  inviscid  pressure  gradient  is  favorable  such  as  the 
flow  breakav/ay  from  the  leading  edge  of  a  leeward  surface  or  from  the 
comer  of  a  rearward  facing  step  (see  sketch) .  Because  the  local 
pressure  gradient  is  favorable,  in  the  inviscid  sense,  there  was  con¬ 
troversy  as  to  the  cause  of  breakaway  separation  (Ref.  1). 


B.  Lyr. 


B.  Lyr. 


Our  investigatl.ons  of  flows  over  expansion  corners,  downstream 
of  ramps,  and  on  leeward  surfaces,  indicate  that  separation  will  not 
occur  without  adverse  pressure  gradients.  Thus,  as  ^or  standard 
boundary  layer  separation,  adverse  pressure  gradients  are  the  prime 
cause  of  breakaway  separation.  However,  the  pressure  rise  responsible 
for  breakaway  separation  can  be  far  downstream  of  the  separation 
point;  its  effects  are  propagated  upstream  through  the  subsonic  por¬ 
tion  of  the  boundary  layer. 

For  example,  flow  separation  from  the  leading  edge  of  a  leeward 
surface  is  attributed  to  the  eventual  downstream  pressure  rise  re¬ 
quired  to  recompress  the  flow  at  the  trailing  edge.  This  type  of 
separation  was  investigated  using  the  flat  plate  models  with  trailing 
edge  flaps  mentioned  in  the  preceding  section  (see  also  Ref.  6,  Part 
III).  The  flow  was  observed  (through  a  ground  glass  shadowgraph 
viewing  screen)  as  the  model  was  slowly  pitched  through  an  a  igle  of 
attack  range,  making  the  flat  plate  surface  leeward,  and  then  returned 
to  zero.  As  the  plate  surface  became  more  leeward,  the  separation 
point  m^'ved,  comparatively  rapidly,  upstream  to  the  sharp  leading  edge 
of  the  flat  plate.  Although  rapid,  the  upstream  movement  of  the  sep¬ 
aration  point  was  continuous  and,  moreover,  the  process  was  reversible 
as  the  angle  of  attack  was  returned  to  zero.  The  pi'ocedure  was  re¬ 
peated  for  different  free  stream  Reynolds  numbers  (for  Moo  =  8)  and 
pressure  distributions  were  recorded  at  discrete  angles  of  attack 
(Ref.  6).  There  was  no  sudden  breakaway  of  the  flow  from  the  leading 
edge  but  rather  a  rapid  extension  of  the  separated  flow  region  due  to 
the  pressure  rise  over  the  after  portion  of  the  model. 
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Sviparation  behind  rearward  fa^'lng  steps  and  ramps  also  can  be 
attributed  to  the  upstream  propagation  or  adverse  pressure  gradients. 
Pressure  ’^Ises  at  reattachment  and  our  Investigetions  of  flows  down¬ 
stream  of  ramps  are  described  after  the  following  subsection.  To 
assess  the  im.portance  of  adverse  pressure  gradient  effects  on  break¬ 
away  separation,  we  investigated  flows  over  simple  expansion  corners 
for  which  there  were  no  downstream  recoinpressions .  In  these  cases, 
even  for  machined  sharp  expansion  corners,  there  was  no  flow  separa¬ 
tion. 

Flows  Over  Expansion  Corners 

Before  our  research  into  the  problem,  we  had  conjectured,  pri¬ 
marily  intuitively,  that  high  speed  f.'ows  could  not  negotiate  sharp 
expansion  corners  without  breaking  a\ifay  from  the  surface  and  forming 
at  least  a  small  bubble  of  separated  flow  Immediately  downstream  of 
uhe  corner.  For  supersonic  flows  over  expansion  corners  the  stream- 
v.'ise  pressure  gradient  is  negative  and  therefore  favorable  for  at¬ 
tached  boundary  layers.  However,  the  standard  boundary  layer  assump¬ 
tion  requiring  that  the  surface  curvature  be  small  in  comparison  to 
the  boundary  layer  thickness  is  violated  at  the  sharp  comer.  There¬ 
fore,  standard  boundary  layer  methods  are  inapplicable  and  so,  strictly 
speaking,  their  indication  that  separation  is  caused  by  positive 
pressure  gradients  need  not  be  true. 

Further,  for  flows  over  sharp  expansion  corners,  there  are  large 
pressure  gradients  normal  to  the  surface  (in  contrast  to  the  standard 
boundary  layer  result  3p/ 3  z  *  O).  Thus,  nondlmensionalizing  vhe 
curvilinear  Navier-Stokes  equations  (see  Ref,  36,  p. 98) and  perfor.ming 
an  order  of  magnitude  analysis,  the  pressure  variation  across  the 
boundary  layer  is  found  to  be  of  the  same  oi’der  of  magnitude  as  the 
pressure  itself  P^j^p  a  0(p)]  for  sm.all  corner  radii  [r  =  0(  J  )]  .  The 
normal  momentum  ^equat ion  must  be  retained  and  ap/  ax  cannot  be  re¬ 
placed  by  dp/dx. 

Indeed,  in  the  attempt  to  apply  momentum  integral  methods  to  the 
problem,  both  fourth  (Ref.  36)  and  sixth  (Ref.  3?)  degree  velocity 

polynomials  resulted  in  "bowed"  or  "popped"  velocitv 
profiles  for  r  <  ©(running  length  of  boundary  layer). 
These  profiles  indicate  velocities  within  the  bound¬ 
ary  layer  exceeding  those  outside  (sketch) .  Bowed 
velocity  profiles  can  be  avoided  by  using  exponential 
functions  rather  than  simple  polynomials  (Ref.  38),  but 
still  it  appears  that  the  use  of  standard  momentum 
u/U  00  integral  methods  for  expansion  corner  flows  should  be 

limited  to  finite  comer  radii  r  »  6 , 
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Abandoning  standard  boundary  layer  methods^  simple  approaches  to 
the  problem  are  to  neglect  or  to  avoid  the  Siiarp  corner  singularity. 

By  assuming  similar  boundary  layer  profiles,  displacement  and  momentum 
thicknesses  and  their  ratios  acx’oss  the  singularity  can  ba  calculated 
in  terms  of  the  Inviscld  flow  conditions  upstream  and  downstream  of 
the  corner.  Of  course,  this  masks  the  nature  of  the  flow  in  the  im¬ 
mediate  vicinity  of  the  corner.  A  similar  approach  makes  use  of  flat- 
plate  boundary-layer  solutions  upstream  and  downstream  of  the  corner 
and  joins  them  by  Ignoring  wall  shear  in  the  vicinity  of  the  corner 
(Ref.  39).  The  singularity  is  thus  avoided  by  assuming  a  separated 
flow  bubble  (zero  shear)  that  effectively  rounds  the  sharp  corner. 

A  more  promising  approach  (in  the  hindsight  of  our  experimental 
research),  assumes  that  separation  does  not  occur  but  that  a  ne\; 
viscous  sublayer  starts  on  the  downstream  surface  at  the  sharp  ex¬ 
pansion  corner  (Refs.  40  and  4l).  The  upstream  boundary  layer  js  ex¬ 
panded  Inviscidly  about  the  corner,  both  subsonic  and  supersonic 
layers,  and  superimposed  on  the  new  viscous  sublayer.  We  applied  the 
rotational  characteristics  method  to  the  Inviscid  expansion  of  the 
supersonic  portion  of  the  shear  layer  and  analyzed  the  flow  field. 
Imniediately  downstream  of  the*  corner  the  shear  layer  velocity  pro¬ 
files  are  bowed.  As  expected,  there  are  large,  normal  pressure  grad¬ 
ients  (  ap/  az  >0);  and  the  streamwise  pressure  gradients  are  favor¬ 
able  along  every  streamline  in  the  flow  field  (  ap/  dx  <0). 

Surface  pressures  were  measured  for  flows  over  sharp  and  rounded 
expansion  corners  for  various  free  stream  Mach  numbers  and  angles  of 
attack  (see  pages  47  through  52  herein  and  Refs^  5  through  8)-. 
Steamwise  pressure  data  along  model  center  lines  are  presented  in 
Pigs.  12  through  l4.  The  data  are  given  in  standard  coefficient 
form,  Cp  =  (p  -  po»  )/qoo  >  nondimensionalized  with  respect  to  free 
stream  conditions  (upstream  of  the  wedge  leading  edge  shock),  and 
angles  of  attack  are  referenced  to  the  flat  plate  surface  downstream 
of  the  expansion  comer  (see  Pig.  ll).  Because  of  the  closeness  of 
the  data  points  (both  Cp  and  X  values,  see  Fig.  26),  faired  data 
curves  are  presented  in  this  section  for  clarity;  they  do  not  represent 
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Reynolds  Number  Effects  for  Mach  5  Flows  Over  E.^qpan8ion  Comers  for  a  =  +  10® 
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analytical  values. 

The  pressures  measured  downstream  of  the  corners  were  slightly 
larger  than  those  calculated  by  the  rotational  characteristics  method 
described  above,  and  these  values,  in  turn,  were  slightly  larger  than 
those  calculated  using  the  simple,  invlscid,  shock  expansion  method. 

In  all  cases  where  the  wedge  leading  edge  shock  was  attached,  the  cal¬ 
culated  values  were  quite  close  to  the  measured  values  downstream  of 
the  comer  region. 

In  cases  where  the  wedge  leading  edge  shock  is  detached,  there 
is  a  large  drop  in  the  pressure  upstream  of  the  corner.  The  measured 
pressures  are  less  than  those  corresponding  to  sonic  wedge  flow.  In 
some  of  these  cases  (for  the  higher  Reynolds  num.bers),  there  is  a 
characteristic  dip  in  the  pressure  distribution  immediately  downstream 
of  the  corner  (Figs.  12  through  l4),  followed  by  a  recompression. 

For  subsonic  wedge  flov;s  there  is  a  sonic  line  at  the  corner  on  the 
upstream  surface.  Expansion  waves  fi’om  the  corner  are  reflected  from 
the  sonic  line  as  compressions  and  are  responsible  for  the  recompres¬ 
sions  in  the  figures.  For  very  strong  recompressions,  like  those  on 
a  flat-nosed  plate,  the  adverse  pressure  gradient  due  to  the  recom- 
presslon  can  cause  a  small  separated  flov;  bubble  immediately  downstream 
of  the  corner  (Ref.  42,  page  417  and  705).  This  again  shows  the  de¬ 
pendence  of  separation  on  adverse  pressure  gradients. 

Rearward  and  forward  facing  Stanton  tubes  at  two  stations 
(0.25  and  0.50  Inches)  downstream  of  the  corners  gave  no  evidence  of 
any  separation.  For  every  test  condition,  every  forv/ard  facing  tube 
measured  a  higher  total  pressure  than  that  measured  by  the  correspond¬ 
ing  rearward  facing  tube.  Further,  the  rearvjard  facing  tubes  gave 
pressures  lower  than  the  local  surface  static  pressures.  These  re¬ 
sults  are  the  prime  experimental  evidence  that  there  was  no  separation 
downstream  of  the  sharp  expansion  corners. 

Sample  total  pressures  measured  by  the  forward  facing  Stanton 
tubes  are  shown  in  Fig.  I5.  Although  there  were  insufficient  tubes 
to  obtain  boundary  layer  profiles  (just  three  forward  and  three  rear¬ 
ward  facing  tubes  on  each  model,  see  "Experimental .. .Models "  section 
and  Refs,  5,  6  and  10,  the  data  were  sufficient  to  indicate  that  the 
boundary  layer  thickiiesses  downstream  of  the  corners  were  substantially 
larger  than  those  calculated  Immediately  upstream  of  the  corners. 

The  Stanton  tubes  didn't  affect  the  dovmstream  surface  pressures, 
but  did  affect  severly  the  aerodynamic  heating  rates  measured  at  the 
same  spanwlse  stations.  These  effects  were  limited  to  the  wakes  be¬ 
hind  the  tubes  and  did  not  extend  inboard  to  the  model  centerlines. 
Sample  centerline  heating  rate  distributions  downstream  of  the  two 
dimensional  corners  are  presented  in  Fig.  16.  Heating  rates  down¬ 
stream  of  axisymmetric  comers  (cone-cylinders)  are  presented  in 
Ref.  4l. 
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Figure  15.  Pressure  Coefficients  in  Boundary  Layer  at  Two  Stations  Downstream  of  a 
Sharp,  40°  Expansion  Corner  for  Mg(,=  8 
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Figure  16.  Heating  Rates  DowTistream  of  Corners  for  a 
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Finally,  in  addition  to  the  total  pressure  measurements  and  the 
distributions  of  surface  pressures  and  heating  rates,  schlieren  and 
shadowgraph  flow  photographs  and  high  speed  motion  pictures  shovfed  no 
separation  downstream  of  the  sharp  expansion  corners.  We  must  con¬ 
clude  that  separation  doesn't  occur  without  adverse  pressure  gradients 
although,  as  for  the  flows  described  below,  the  pressure  rises  can  be 
far  downstream  of  the  separation  points. 

Flows  Downstream  of  Ramps 

In  addition  to  providing  Re„  and  aspect  ratio  effects  for  sepa¬ 
ration  ahead  of  ramps  (see  preceding  section),  the  forward  flap  on  a 
flat  plate  model  also  provided  data  on  the  reattachment  of  flows 
downstream  of  ramps.  As  mentioned  in  the  preceding  section,  the  model 
was  tested  with  and  without  endplates  (see  .Pig.  1  and  pages  47 
through  52  for  a  more  complete  description  of  the  model  and  for¬ 
ward  flap).  The  nomenclature  used  here  is  Indicated  in  the  following 
figure,  where  X  is  the  nondimensional  distance  downstream  of  the  sharp 
leading  edge.  Reynolds  numbers,  Reia  ,  are  based  on  the  one-foot 
length  of  the  model  and  free  stream  conditions.  .Angles  of  attack  and 
flap  (ramp)  deflections  are  positive  when  windward  (as  shown  in  Fig. 
17). 
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Pressures  for  floo  =  5  and  8,  and  aerodynamic  heating  rates  for 
Moo  =  8,  were  measured  on  the  flat  plate  surface  downstream  of  the  flap 
for  many  angles  of  attack  Tup  to  .  and  many  flap  deflections 
(up  to  90^).  Streamwlse  and  spanwise  distributions  of  all  the  data 
and  schlieren  flow  photographs  are  presented  in  Refs.  5,  8  and  9; 
representative  results  are  preoenteo  here  in  the  following  P'igs.  l8 
and  19. 

The  flow  separates  from  the  trailing  edge  of  the  ramp-type  flap 
and  reattaches  downstream  on  the  flat  plate  surface.  The  extent  of 
the  separated  flow  region  and  the  pressure  rise  at  reattachment  de¬ 
pend  on  several  parameters:  a  ^  i  .  Mao  ,  and  Re<»  (Fig.  I8).  For  higli 
surface  angles  of  attack  («>  20*^5;  the  downstream  pressures  are  every¬ 
where  less  than  those  recorded  on  the  surface  with  no  forward  flap 
deflection.  This  can  be  attributed  to  model  tip  effects.  Heweverj 
at  lower  surface  angles  of  attack,  the  pressures  at  reactachnient  con¬ 
siderably  exceed  those  recorded  for  5=0.  These  excess  pressures  de¬ 
pend  on  the  flap  deflection  angle  as  well  as  on  the  stream  flow  con¬ 
ditions  (compare  Pigs.  l8a,  b  and  c).  The  30°  flap  leads  to  the 
highest  excess  pressures  at  reattachment  whereas  the  90°  flap  causes 
no  excess  pressure  (similar  to  rearward  facing  steps.  Ref.  3l). 

Except  as  noted  in  the  first  two  parts  of  Fig.  I8,  the  pressure 
distributions  are  those  recorded  along  the  centerline  of  the  model 
without  end  plates.  In  most  cases  tested,  there  is  no  appreciable 
spanwise  pressure  variation  acr'oss  the  center  portion  of  the  model; 
moreover,  the  pressure  distributions  dow’n.stream  of  the  flrAps  are  not 
significantly  affected  by  end  plates.  The  nondimenslonal  Y  =0.3^ 
spanwise  location  is  .^wo  inches  outboard  from  the  model  centerline. 

Similar  to  flows  over  rearward  facing  steps  (Ref.  31),  the  pres¬ 
sure  drop  in  the  separated  flow  region  and  the  location  of  reattach¬ 
ment  depend  strongly  on  the  laminar  or  turbulent  c.haracter  of  the 
boundary  layer  (Pigs.  l8c  and  d).  Turbulent  boundary  layers,  associated 
with  the  higher  Reoo  values,  lead  to  the  greater  pressure  drops  and 
reattachment  upstream  of  that  for  laminar  boundary  layers. 

Aerodynamic  heating  rates  are  substantially  reduced  in  the  sep¬ 
arated  flow  region  downstream  of  flaps  but  exceed  the  undisturbed, 
flat  plate,  values  downstream  of  reattachment  (Fig.  19b).  As  with  the 
pressures,  the  heating  rates  downstream,  of  flaps  do  not  vary  appre¬ 
ciably  spanwise  across  the  center  portion  of  the  model.  However,  the 
heating  rates  are  more  sensitive  to  end  plate  effects;  a  typical  com¬ 
parison  showing  end  plate  effects  is  drawn  in  Pig.  19c. 
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The  present  understanding  cf  the  complicated  flow  in  a  stream- 
wise  corner  region  is  pooi*  in  terms  of  a  satisfactory  theory^  but  for 
hypersonic  free  streams  there  are  several  rules  and  approximations 
that  are  helpful  in  predicting  the  observed  effects.  It  appears  that 
the  dominant  mechanism  in  fin  plate  Interactions  is  always  the  sep¬ 
aration  of  the  plate  boundary  layer  under  the  influence  of  the  fin 
shock  wave.  There  are  three  basic  modes  in  which  this  separation  can 
take  place,  and  many  combinations  of  them  may  be  present  in  any  given 
Interaction  flow. 

The  first  mode  occurs  near  the  fin  leading  edge,  where  the  thick¬ 
ness  of  the  Inviscld  shock  layer  on  the  fin  is  very  small  relati\e  to 
the  natural  length  of  the  separated  boundary  layer  on  the  plate.  The 
pressure  rise  due  to  the  fin  shock  is  propagated  upstream  through  the 
boundarjf  layer  and  separation  occurs  far  ahead  of  the  fin.  This  mode 
has  been  observed  on  plates  upstream  of  both  blunt  and  sharp  fins 
(see  Fig.  20,  parts  a  and  b),  although  the  detailed  characteristics 
are  dii'ferent  in  the  two  cases.  Three  dimensional  effects  are  always 
of  first  order  importance  in  this  mode,  and  there  are  no  satisfactory 
methods  for  predicting  the  flow  characteristics  except  for  purely  em¬ 
pirical  correlations. 

The  second  mode  occurs  when  the  fin  shock  layer  thickness  is  com¬ 
parable  to  the  separation  zone  length  measured  normal  to  the  local  fin 
surface.  The  presence  of  the  fin  is  an  essential  part  of  the  struc¬ 
ture  of  the  separation  zone  in  this  mode,  and  the  separation  line  on 
the  plate  is  not  in  general  para3 lei  to  either  the  fin  or  the  fin 
shock  (see  Pig.  20,  part  c).  A  considerable  amount  of  pressure  and 
heat  transfer  data  pertinent  to  the  first  and  second  modes  was  obtained 
for  tne  investigation  summarized  herein  (Refs.  7  through  ll). 

The  third  basic  mode  in  which  interaction  separation  can  take 
place  has  been  investigated  theoretically  and  experimentally  (Refs. 

43  and  44).  This  mode  occurs  when  the  shock  wave  is  sufficiently  far 
from  th  .  fin  sc  that  the  separated  boundary  layer  on  the  plate  can 
reattach  without  significant  influences  from  the  presence  of  the  fin. 

In  this  mode  the  fin  acts  simply  as  a  shock  generator,  and  the  problem 
reduces  to  the  pseudo  two-dimensional  problem  of  a  swept  planar  shock 
separating  a  ooundary  layer.  The  fin  plate  junction,  far  enough  down¬ 
stream  of  the  reading  edge,  poses  a  streamwise  corner  boundary  layer 
problem  for  the  reattached  flow  downstream  of  the  fin  shock. 
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a) 


Flat  Plate  Parallel  to  M  ^  , 
Re 

1,100,000 

ft 


b)  Flat  Plate  Parallel  to  M  ^  , 
Re 

6,600,000 

(See  Also  Figure  22a) 


Figure  20.  Oil  Film  Flow  Photographs  of  Fin  Plate 
Interactions  for  Mqo  =  5 
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At  hypersonic  speeds  the  fin  shook  Is  close  to  the  fin  surface 
and  generally  the  interaction  cannot  fee  split  into  separate  incident 
shock  and  corner  flow  boundary  layer  problems.  Thus  the  subject  in¬ 
vestigation  was  concerned  primarily  with  the  first  two  modes  o^  fin 
plate  Interaction  separation. 


The  oil  film  flow  photographs  of  Fig.  20  present  vivid  evidence 
of  the  first  and  second  modes  of  interaction  separation  caused  by 
30°  wedge  shaped  fins  mounted  on  a  flat  plate  (see  following  section 
for  model  description).  The  high  pressures  on  the  blunt  fin  leading 
edge  are  propagated  upstream  through  the  plate  boundary  layer  and 
cause  separation  far  upstream  of  the  fin  (Pig.  20a).  Indeed^  the 
laminar  Po\ hdary  layer  separates  Just  downstream  of  the  plate  leading 
edge  and  is  similar  to  the  two-dimensiona]  "free  interaction"  type 
of  separation  (see  Refs.  10  and  11  for  pressure  distributions  and 
profile  schlieren  photographs).  The  extensive  region  of  separated 
flow  ahead  of  the  fin^  characteristic  of  the  first  mode  of  interaction 
separation^  is  modified  greatly  for  the  sharp  fin  case  shown  in 
Pig.  20b.  Although  the  region  of  separation  is  sharply  reduced  (in 
part  due  to  the  higher  free  stream  Reynolds  number),  it  is  still  pre¬ 
dominantly  three-dimensional  over  the  forward  portion  of  the  model. 

The  extent  of  the  first  mode  of  interaction  separation  is  seen  to 
be  limited  to  the  sharp  fin  leading  edge  region  in  Fig.  20c.  For 
this  case  the  model  was  pitched  5°  resulting  in  a  somewhat  lower  speed 
flow  over  the  flat  plate.  The  major  portion  of  the  interaction  is  of 
the  second  mode  described  earlier.  For  this  type  of  interaction  the 
flow  is  generally  conical  in  nature.  The  most  promising  theoretical 
approaches  to  the  problem  appear  to  be  vhose  based  on  crossflow 
plane  analyses. 


Pressure  coefficient  and  heating  rate  distributions  measured  on 
the  fin  and  plate  surfaces  at  various  s teamwise  stations  (crossflow 
planes)  are  presented  in  Fig.  21.  Coefficients  are  referenced  to  free 
steam  conditions  and  the  model  angle  of  attack,  a  ,  is  referenced  to 
the  flat  plate  surface.  As  indicated  in  the  figure,  the  coordinate 
origin  is  at  the  intersection  of  the  fin  leading  edge  with  the  flat 
plate.  Streamwise  and  fin  spanwise  (heightwise)  stations  are  non- 
dimensionalized  with  respect  to  the  fin  chord  and  height  respectively. 
For  the  data  presented  in  Fig.  21,  the  30®  wedge  shaped  fin  had  a 
sharp  leading  edge  and  an  aspect  ratio  of  0.500  (see  follov;lng  section 
for  model  description). 


The  fin  surface  and  inviscid  shock  locations  and  pressure  coeffi¬ 
cients  (for  a  15®  flow  deflection)  are  also  indicated  in  Fig.  21. 

The  pressure  distributions  on  the  plate  surface  resemble  those  meas¬ 
ured  in  separated  flow  regions  ahead  of  ramps c  There  are  overpres¬ 
sures  on  the  p3ate  surface  far  outboard  of  the  fin  shock  and  gen¬ 
erally  the  plate  pressures  do  not  reach  the  inviscid  shock  values 
until  very  close  to  the  fin  plate  Junction.  On  the  fin  suri’ace  the 
pressures  increase  somewhac  from  their  values  at  the  plate  Junction 
to  values  exceeding  those  given  by  fcvjo-dimensional  Invlscjd  shock 


37 


a)  M«  =  5  and  X  =  0.42 


Figure  22.  Fin  Plate  Interaction  Pressures  and  Heating  Rates  lor 
Various  and  RCoo  for  Smaller  Fin  [a  -  0) 
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tables.  These  overpressures  are  attributed  to  the  multiple  shock 
compression  of  the  flow  in  the  interaotlon  region  and  indicate  the 
extent  of  the  region.  The  interaction  region  is  also  marked  by  large 
aerodynamic  heating  rates,  presented  in  Pig.  21c. 

Mach  and  Reynolds  number  effects  on  the  Interaction  pressures 
and  heating  rates  are  given  in  Pig.  22  for  a  30°  sharp  leading  edge 
fin  with  an  aspect  ratio  of  O.I56.  Again  similarly  to  two-dimensional 
separation  ahead  of  a  flap,  the  extent  of  separation  and  overpressures 
on  the  plate  depend  strongly  on  the  boundary  layer  thickness.  Partic¬ 
ularly  for  the  thicker  boundary  layers  (larger  Moo  and  smaller  Re  00 
values),  the  pressure  rise  due  to  the  fin  shock  is  propagated  far  out¬ 
board  and  causes  substantial  overpressures  over  a  large  portion  of  the 
plate  surface. 

The  data  presented  in  Pigs.  21  and  22  are  representative  of  those 
obtained  for  the  second  mode  of  interaction  separation  described  at 
the  outset  of  this  section.  In  many  cases,  particularly  for  fins 

with  blunt  leading  edges,  the 
interaction  was  predominantly 
/Dlunt\  three-dimensional  in  character 
zl  fin  I  (first  mode).  Although  not 
\L.  E./  amenable  to  theoretical  analyses 
at  present,  pressures  and 
heating  rates  were  measured  for 
a  wide  variety  of  flow  condi- 
Sep.  Flow  tions  and  can  readily  be  used 

for  engineering  estimates  (see 

following  sec .  .'.on  and  Refs.  7  through  11 ),  Particularly  noteworthy 
in  this  aspect  are  the  high  pressures  and  heating  rates  observed  on 
the  leading  edges  in  the  immediate  vicinity  of  reattachment  of  the 
separated  flow  ahead  of  the  fin.  In  some  cases  the  peak  values  were 
more  than  three  times  larger  than  the  stagnation  values  of  the  pres¬ 
sure  and  heating  rats  measured  on  the  cylindrical  leading  edge  out¬ 
side  of  the  interaction  region  (see  sketch). 
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TECHi^’IQUES  AND  MOjJiiLs 


The  wind  tunnels  and  models  used  to  obtain  the  experimental  re¬ 
sults  presented  herein  are  briefly  described  in  this  section.  Firsts 
the  over-all  test  program  is  outlined.  The  techniques  used  to  obtain 
the  data  are  then  described  along  with  the  reduction  and  accuracy  of 
the  data.  Finally,  the  models  are  described  (see  also  Fig.  1  on  page 
2). 

Tunnels  and  Ranges  of  Variables 


Tests  for  the  experimental  portion  of  the  program  were  conducted 
in  the  Grumman  Hypersonic  Shock  Tunnel  and  at  the  AEDC  von  Karman 
facility.  The  particular  AEDC  wind  tunnels  used  were  the:  40-inch 
supersonic  wind  tunnel,  50-inch  Mach  8  tunnel,  and  the  Hotshot  2 
hypervelocity  tunnel.  These  facilities  provided  the  Mach  number  and 
unit  Reynolds  number  ranges  shaded  in  the  following  altitude-velocity 
chart  (Fig.  23).  The  test  conditions  fall  within  the  so-called  flight 
corridor  whose  upper  and  lower  bounds  are  delineated,  approximately, 
by  the  dotted  hypersonic  flight  entry  trajectories  shown  in  Fig.  23. 

Pressure  and  force  data  were  obtained  in  the  AEDC  40-inch  super¬ 
sonic  tunnel  for  a  nominal  free  stream  Mach  number  of  5.  be  angle  of 
attack  ranges  used  for  the  various  models  are  given  in  the  following 
table.  The  table  also  lists  the  ranges  of  the  unit  free  stream 
Reynolds  numbers,  sideslip  angles,  and  control  deflection  angles. 

Oil  film,  schlleren  flow  photographs,  and  high  speed  schlieren  motion 
pictures  were  taken.  Pressure,  heat  transfer  and  force  data  v/ere  ob¬ 
tained  in  the  AEDC  50-inch  Mach  8  tunnel  and  shadowgraph  flow  photo- 

Praphs  were  taken  for  the  configurations  indicated  in  the  table. 

ressure  data  were  obtained  on  Just  one  configuration  in  the  Hotshot 
2  impulse- type,  hypervelocity  facility.  Schlleren  flow  photographs 
were  obtained  and  very  high  speed,  color  motion  pictures  were  taken 
during  the  test  runs  when  heat  sensitive  paint  was  applied  to  the 
model.  More  complete  descriptions  of  this  impulse  type  tunnel  and 
the  continuous  flow  tunnels  mentioned  above  are  readily  available  in 
the  AEDC  Test  Facility  Handbook  (Ref.  ^5)* 

Limited  pressure  and  heat  transfer  data  were  obtained  in  the 
Grumman  Hypersonic  Shock  Tunnel  for  the  Mach  numbers  and  unit  Reynolds 
numbers  listed  in  the  table.  Interchangeable  nozzle  throat  blocks 
are  used  for  the  different  Mach  number  flows.  Schlieren  flow  photo¬ 
graphs  were  taken  in  addition  to  motion  pictures  showing  the  dis- 
colorization  of  heat  sensitive  paint  applied  to  two  of  the  models. 
Further  descriptions  of  this  tunnel  are  given  in  Refs.  7  and  22. 


41 


Velocity  (ft/sec) 


Figure  23.  Altitude  Velocity  Chart  with  end  Re^o/ft  Test  Ranges 


Ejcperlmental  T^^chniques  and  Data  Reduction 

All  pressure  data  were  reduced  to  standard  coefficient  form: 

P  -  Pco 

where  p  is  the  measured  pressure,  Pa,  is  the  free  stream  static  pres¬ 
sure,  and  qso  is  the  free  stream  dynamic  pressure. 

The  accuracy  of  the  pressure  measurements  depends  upon  the 
particular  facility  and  also  the  pressure  level.  For  the  Mach  5 
data,  pressures  below  1.0  psia  are  measured  to  within  ±  0.005  psia 
while  the  accuracy  for  the  higher  pressure  measurements  is  ±  0.075 
psia.  Whence,  depending  upon  the  values  of  On  and  RSoo,  the  pr*essure 
coefficient  accuracy  varies  from  about  ±  0.009  to  ±  0.020.  Similarly 
for  the  Mach  8  data,  pressure  coefficient  uncertainties  vary,  for 
example,  from  0.004  for  <  0.3  and  =  1.1  million,  to  0.013 

for  Cp  =  2.0  and  Reoo/ft  =  3.3  million.  Pressures  obtained  in  the  im¬ 
pulse  type  test  facilities  were  estimated  to  be  accurate  to  within 
10  percent  of  their  measured  values.  More  thorough  discussions  of  the 
pressure  data  accuracy  are  available  in  Refs.  10,  l6,  and  22. 
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TABLE  I 

OUTLINE  OF  TEST  PROGRAM 
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Notes:  Angle  of  attack  positive  when  flat  plate  surfaces  windward.  Sideslip  angle  is/Seindi 
denotes  llap  deflections.  F  denotes  6 component  force  &  moment  data,  p  denotes  pressure 
distributions,  HT  denotes  heat  transfer  distributions,  &  ph  denotes  flow  photographs. 


Aerodynamic  heating  rated  were  obtained  nsing  the  thin  wall 
transient  temperature  technique.  Cooling  shoes  were  installed  in 
the  AEDC  50--inch  Mach  8  tunnel.  The  model  was  pitched  to  the  desired 
angle  of  attack  while  inside  the  cooling  shoes.  The  shoes  were  then 
rapidly  retracted  and  thermocouple  temperatures  recorded  during  the 
Initial  heating  of  the  model.  The  cooling  shoes  were  then  closed, 
the  model  cooled  to  approximately  500®R  ,  and  pitched  to  the  next 
desired  angle  of  attack.  In  this  manner,  temperature  histories  were 
recorded  for  a  set  of  test  conditions  while  limiting  the  amount  of 
heat  absorbed  by  the  model.  The  cooling  shoes  were  then  left  retract¬ 
ed  while  the  pressure  data,  which  require  several  minutes  to  stabilize, 
were  obtained  at  the  same  set  of  test  conditions. 

The  aerodynamic  heating  rates,  4  (BTU/ft^sec),  are  calculated 
from  the  temperature  histories; 

4  =<  r  abc  (dTydt) 

where.  dT  /dt  (^H/seo)  is  the  wall  temperature  rise  rate;  a  (ibm/ft^j 
is  the  dlnsity  of  the  wall  material;  b  (ft)  is  the  thickness  of  the 
wall;  c  (nru/lbm)  is  the  specific  heat  of  the  wall  material;  and  f 
is  the  correction  factor  for  conduction  effects  and  relates  the 
measured  heat  transfer  rates  to  the  aerodynamic  beating  rates.  For 
very  thin  walls,  made  possible  by  our  innovation  of  the  use  of  honey¬ 
comb  sandwich  panels  (described  in  the  following  subsection),  the 
temperature  response  is  very  rapid  and  conduction  effects  are  negli¬ 
gible,  To  within  the  accuracy  of  the  wall  material  properties  £hid 
measured  wail  thicknesses,  1.00. 

The  thin  wall  transient  temperature  .method  was  also  used  to 
obtain  the  aerodynamic  heating  rates  on  the  models  tested  in  the 
Grumman  Hypersonic  Shock  Tunnel,  The  temperatures  measured  by  the 
thin  film  heat  transfer  gauges  were  converted  by  analogs  and  pre¬ 
sented  directly  as  heat  transfer  rates. 

Six  component  fores  and  moment  4®ta  were  obtained  and  reduced 
to  standard  coefficient  forms  for  body  oriented  axes,  Bbdy  axes 
were  used  in  lieu  of  wind  axes  to  facilitate  the  comparison  6f 
integrated  pressure  and  force  increments,  and  to  facilitate  deter¬ 
mining  control  effectiveness. 

The  normal,  axial,  and  side  force  coefficients  are: 

r  normal  force  /,  _  axial  force 

^  ^  -k  q^s 

and 

„  _  side  fores 
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where  S  is  the  reference  planform  area  (see  Table  II) .  The  pitching, 
yawing  and  roiling  moment  coefficients  arei 


where  the  reference  length,  L,  is  the  planform  virtual  length  and 
moments  are  taken  about  a  po,int  0,60L  downstream  of  the  planform 
virtual  apex  on  the  longitudinal  axis  of  the  balance.  The  co¬ 
efficients  presented  herein  are  those  due  to  the  total  forces  and 
moments  measured;  they  are  not  corrected  for  base  pressure  effects. 
The  sign  conventions  for  the  force  and  moment  coefficients  are  given 
in  Fig.  24.  Angles  of  attack,  «,  are  positive  for  nose  up,  and 
sideslip  angles,  /3,  are  positive  for  nose  left. 


Figure  24,  Sign  Conventions  for  Force  and  Moment  Coefficients 
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The  total  forces  and  moments  were  0;'t4iined  using  an  AEDC  water 
cooled  balance.  The  same  balance  was  used  in  both  continuous  flow 
wind  tunnels  for  both  force  models.  The  unfsertainties  in  the  force 
and  moment  coefficients  obtained  from  the  balance  measurements  are 
shown  in  the  following  table  for  both  modelsj  for  the  nominal  values 
of  the  Mach  5  and  Mach  8  free  stream  dynamic  pressures.  The  un¬ 
certainties  in  the  coefficients  vary  inversely  with  the  q„values, 
and  can  be  calculated  for  the  different  free  stream  Reynolds  numbers 
by  dividing  the  tabulated  uncertainties  by  the  ratio  of  the  qoovalues 
for  the  different  free  streams.  Reference  areas  and  lengths  for 
both  fc-rce  models  are  given  in  Table  II. 


TABLE  II 

FORCE  AND  MOMENT  COEFFICIENTS 


Reference  Areas  and  Lengths 

■ 

delta  wing  -  body 

pyramidal  configuration 

191.2  square  Inches 

18.2  Inches 

iBT'.b  square  inches 

20.8  inches 

Uncertainties  in  Coefficients* 

delta  wing 

-  body 

pyramidal  configuration 

Mach  5 

(Qco  * 

1.81  psla) 

Mach  8 
(Qao  » 

2.5&  psia) 

Mach  5 

(QoSi  =  . 

1.81  psia) 

Mach  8 
(Qw  = 

2,56  psia) 

On 

±  0.0059 

^  0.0154 

±  0.0080 

dt  0.0174  1 

Ca 

dfc  0.0021 

=fc  0.0033 

±  0.0020 

±0.0037 

Cy 

±  0.0029 

±  0.0077 

±  0.0052 

±0.0087 

±  0.0016 

=1:  0.0044 

±  0.0016 

±  0.0043 

±  O.OOlO 

±  0.0022 

±  0.0010 

±0.0021 

C/ 

=fc  O.0003 

*  0,0004 

±  0.0002 

±0.0004 

♦Due  to  error  spread  in  balance  readings  for  Mach  5  and  repeatability 
spread  in  data  for  Mach  8  (Refs,  15  and  21 ). 


Nomal  loads  and  hinge  and  twisting  moments  were  measured  on. 
one  of  the  remotely  controlled  trailing  edge  flaps  on  ths  pyramidal 
configuration.  The  water  cooled  flap  balance  and  accuracy  of  the 
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force  and  moment  data  are  presented. 


Wh6vciui 


l/ilc 


X»'l _ 

Axap 


As  described  in  the  following  subsection,  remotely  controlled 
flaps  weru  used  for  several  of  the  models.  Flap  deflections,  for 
the  remotely  controlled  flaps,  were  set  using  Leeds  and  Northrup 
indicator  readings  of  potentiometers  co.nnected  to  the  flap  drive 
screws.  The  flap  settings  were  checked  frequently  using  a  surveyor’s 
transit  and  were  estimated  to  be  accurate  to  well  within  a  quarter  of 
degree. 


Several  photographic  techniques  were  used  as  aids  in  determining 
regions  of  separated  flow  and  in  lntei>preting  the  measured  pressures 
and  aerodynamic  heating  rates.  Virtually  all  of  the  better  flow 
photographs  obtained  are  reproduced  in  the  various  data  reports 
(Refs.  5  through  23). 

Profile  schlieren  and  shadowgraph  photographs  were  useful  in 
indicating  boijndary  layer  thickness,  trcinsltion,  separation  and  the 
accompanying  shock  wave  patterns.  Schlieren  motion  pictures,  when 
reviewed  at  a  much  reduced  speed,  showed  that  separated  flows  were 
stable. 

Charring  of  a  thin  coat  of  ordinary  white  enamel  paint,  sprayed 
on  the  Hotshot  2  model,  clearly  ijf^dicated  regions  of  high  aerodynamic 
heating  rates.  However,  only  marginal  results  were  obtained  from 
paint  tests  in  the  Qrurtiman  Hypersonic  Shock  Tunnel.  A -slight  dis¬ 
coloration  occurred ,  rather  than  decisive  charring,  probably  due  to 
the  much  shorter  durations  of  the  shock  tunnel  f  to#  .and  consequent 
less  total  heat  flow  per  test  run  (Refs,  7  ^d  1C)> 

Oil  film  flow  photographs  were  obtained  in  the  AEljC  40:^^ch  .  '  - 
supersonic  tunnel,  A  thin  film  of  oil,  which  was  fluorescent  under  ' 
ultraviolet  light,  was  sprayed  on  the  model  at  the  outset  of  a  test 
run.  The  tunnel  flow  was  started  and  the  fluore.soeht  oil  Jitm  . 

observed  as  the  desired  tunnel  flow  conditions  were  reached j  When 
the  oil  film  flow  pattern  had  become  established,  guid  kteady,  it  was 
photographed ,  The  model  angle  of  attack,  or  f^p  deflection,  was 
then  changed  to  the  next  desired  setting  and  the  n.ew  oil  film  flow 
pattern  photographed  when  it  became  established.  This  was  repeated 
t  *jr  several  different  test  conditions  before  a  major  portion  of  the 
oil  had  evaporated  or  blown  downstream  off  the  surface  of  the  model 
(Refs,  11  and  23). 


Model  Descriptions 

As  indicated  at  the  outset  of  this  section,  and  in  Fig,  1  on 
page  2,  flows  over  four  basic  configurations  were  investigated:  a 
flat  plate  with  ramp  shaped  flaps,  another  flat  plate  with  wedge 
shaped  fine,  a  delta  wing  body  combination,  and  a  pyramidal  con¬ 
figuration  having  a  triangular  cross  section.  Eleven  wind  timhei 
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models,  each  having  sevei*al  geometric  variations,  were  required: 
seven  for  th'i  continuous  flow  tunnels,  one  for  Hotshot  2,  and  three 
f  or  the  Grumman  Hypersonic  Shock  Turuiel, 


Four  models  for  the  continuc-us  flow  tunnsie-  v;srs  instrumented 


for  both  pressure  and  heat  transfer  measurements.  Our  innovation  of 
the  use  of  honeycomb  sandwich  construction  for  the  planar  portions  of 
these  models  avoided  many  of  the  usual  problems  associated  with  thin 
wall  heat  transfer  models  and  led  to  exceptional  accuracy  in  the 
heat  transfer  data  (Refs.  2  and  3). 


The  honeycomb  sandwich  panels  are  composed  ot  1/4  inch  thick, 
stainless  steel  honeycomb  having  3/8- inch  cells,  sandwiched  between 
0.018- Inch- thick  stainless  steel  sheets.  The  honeycomb  webs  were 
just  0t002  inches  thick  and  were  perforated  to  ensure  pressure 
equalizaton.  Tharmocoupies  were  spot  welded  to  the  inner  surface  of 
the  outer  wall  of  the  honeycomb  sandwich  in  the  middle  of  individual 
honeycomb  cells.  These  panels  permitted  the  use  of  considerably 
thinner  walls  without  buckling  than  those  possible  with  standard 
"thin  wall"  models  or  those  obtained  by  milling  local  thin  spots  in 
thick  wall  models.  Thus  response  time  was  faster,  conduction  effects 
were  greatly  reduced,  and  the  heat  absorbed  by  the  model  was  minimized 
(thereby  substantially  reducing  the  cooling  time  required).  Further, 
the  wall  heated  more  uniformly,  subject  only  to  the  distribution  of 
aerodynamic  heating  rates,  and  local  hot  spots  and  large  heat  sinks 
were  avoided. 


To  make  optimum  use  of  the  continuous  wind  tunnel  test  time  and 
eliminate  time  consuming  shut  downs  required  for  minor  model  changes, 
the  aerodynamic  control  surfaces  on  several  of  the  models  were  re¬ 
motely  actuated.  A  specially  designed  water  cooled  actuator  housing 
was  fabricated  and  used  interchangeably  for  the  three  pressure  and 
heat  transfer  models  having  moveable  control  surfaces.  The  housing 
was  attached  to  the  base  of  the  model  and  then  the  entire  models 
housing  unit  was  sting  mounted  (see  Fig,  25a).  The  housing  contained 
three  each:  drive  screws,  motors,  and  linear  potentiometers  (see 
Fig.  25b). 

Three  flat  plate  models  with  ranip  shaped  flaps  were  used .  The 
models  had  machined  sharp-leading  edges,  square  planforms,  and  their 
lower  surfaces  formed  40^  expansion  comers.  Two  models,  for  the 
Mach  5  8  tests,  had  12-inch-^square  planforms  while  the  third 

model,  tested  in  the  Grumman  Hypersonic  Shock  Tunnel,  had  a  6- inch- 
square  planforra.  Line  drawings  of  the  lEirger  models,  showing 
instrumentation  locations  and  flap  geometry,  are  given  in  Fig.  26. 


One  of  the  larger  models,  instrumented  for  both  pressure  and 
heat  transfer  measurements,  had  three  sets  of  remotely  controlled 
flaps:  a  forward  flap  with  90°  travel,  an  essentially  full  span  aft 
flap  with  45  degree  travel,  and  a  partial  span  aft  flap  with  %  degree 
travel,  A  photograph  of  this  model,  with  end  plates  attached,  is 
shown  in  Fig.  1^  page  2,  The  expansion  corner  formed  by  the  inter¬ 
section.  of  the  lower  surfaces  of  the  model  had  replaceable  sharp  and 
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a)  Actuator  housing  parts  behind  wing  body  model 


b)  Drive  screws,  motors,  and  potentiometers 


Figure  25.  Water  Cooled  Actuation  System 
for  Remotely  Controlled  Flaps 
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1/2- inch- radius  corners.  The  expanfsion  corner  Instrumentation  was 
similar  to  that  for  the  larger  flat  plate  fin  model  (Fig.  27). 

The  other  model  shown  in  Pig.  26  was  internally  cooled  oy  a 
mixture  of  low  temperature  oxygen  and  nitrogen.  The  model  had 
attachable  full  span,  ?5  percent  chord,  trailing  edge  flaps  having 
ramp  angles  of  10,  20,  and  30°;  and  an  attachable  partial  span,  30°, 
trailing  edge  flap  that  was  also  internally  cooled.  The  coolant  was 
supplied  to  settling  chaimbers  In  the  basic  model  and  in  the  ratmp  and 
was  then  passed  through  channels  adjacent  to  the  flat  plate  and  ramp 
surfaces.  Because  of  its  high  thermal  conductivity,  the  coolant 
channels  were  fabricated  of  thick  berrylLco  sheet  in  the  attempt  to 
maintain  as  unifrom  a  wall  temperature  as  possible.  As  shown  in 
Pig.  26,  both  the  upper  and  lower  surfaces  of  the  model  had  compara¬ 
tively  d -nse  streamwlse  pressure  instrumentation.  Six  cotal  pres¬ 
sure,  forwaru  and  rearward  facing,  Stanton  tubes  were  mounted  at  two 
stations  downstream  of  the  sharp  expansion  corner. 

T^ie  Grumman  Hypersonic  Shock  Tiinnel  model  had  15°,  30°^  aJ^d  45°, 
full  span,  25  percent  chord  ■craillng  edge  ramps.  It  was  instrumented 
with  10  pressure  gauges  and  10  heat  ‘■•ransfer  gauges.  A.s  for  the 
larger  pressure  and  heat  transfer  model,  the  inboard  pressure  and 
heat  transfer  instrument  distributions  had  to  be  offset  slightly 
from  the  model  centerline  (Fig.  26a) .  Further  descriptions  of  these 
flat  plate  models  with  ramp  shaped  flaps  are  available  in  Refs.  5 
through  7. 

Fin  plate  interactions  were  investigated  using  two  flat  plate 
models  with  30° >  total  angle,  wedge  shaped  vertical  fins  mounted  on 
their  upper  surfaces  (see  Fig.  1,  page  2, and  Fig.  27).  Pressures  and 
aerodynamic  heating  rates  were  measured  on  both  the  plate  and  fin 
surfaces  of  both  models.  The  larger  model  had  a  12- inch- square  plan- 
form.  The  lower  face  of  the  model  intersects  the  flat  plate  upper 
surface  at  30°;  both  the  leading  edge  and  the  30°  expansion  corner 
on  the  lower  surface  are  machined  sharp.  The  lower  surface  instru¬ 
mentation  Is  similar  to  that  for  the  pressure  and 
heat  transfer  model  shown  in  Fig.  26a).  A  total  of  four  fin  con¬ 
figurations  were  mounted  on  the  upper,  flat  plate  surface  of  the 
model:  ’’small"  and  "large"  fins  with  sharp  and  blunt  leading  edges. 

The  sharp  leading  edge  fins  have  8  inch  chords  which  are  reduced  by 
about  8  percent  for  the  0,25  inch  radius  blunt  leading  edges.  The 
height  of  the  "small"  fin  is  1.25  inches  and  that  of  the  "large"  fin 
is  4,00  Inches. 

The  other  fin  plate  Interaction  model,  tested  in  the  Grumman 
Hypersonic  Shock  Tunnel,  had  a  6- inch-square  planform  and  4-inch- 
chord,  sharp  leading  edge,  fins  geometrically  similar  to  those  on 
the  flsa^ger  model.  Further  descriptions  of  the  fin  plate  Interaction 
models  are  available  in  Refs.  It  10,  and  11. 

Three  models  of  the  clipped  delta  wing  body  combination  were 
required  for  the  force,  pressure  and  heat  transfer  data  for  a  "typical" 
hypersonic  winged  re-entry  configuration,  A  rear  view  photograph  of 
the  model  mounted  in  the  AEDC  50- inch  Mach  8  tunnel  is  shewn  in 
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Pig-  28.  The  actuator  houcing  for  the  flap  drives  and  controle  Is 
evident  immediately  behind  the  model.  The  basic  pressure  and  heat 
transfer  model  consists  of  a  spherically  capped  cylindrical  cabin 
mounted  on  top  of  a  blunt  .delta  wing  with  60^  swcepback.  The  delta 
wing  has  clipped  tips  and  a  thickness  equal  zo  10  percent  of  the 
virtual  length  of  the  model.  The  cabin  height  is  equal  to  the  wing 
thickness. 


Figiire  28.  rhotogicapb  of  Winged  Re-entry  Cor  figuration 
in  the  AEDC  50-Inch  Mach  8  Tunnel 


The  model  has  three ,  remotely  controlled,  trailing  edge  flaps; 
two  outboard  ’’aileron  type"  flaps,  extending  from  the  cabin-wing 
iujictions  to  the  snoulders  of  the  cylindrical  wing  tips,  and  one 
^ split"  flap  on  the  lower  surface  of  the  wing,  extending  spanwise 
between  the  outboard  flaps.  The  flaps  are  rectangular  and  have 
chords  equal  to  Ip  percent  of  the  virtual  length  of  the  model.  Each 
flap  is  individually  controllable;  the  oiitboard  flaps  have  a  travel 
of  *  40^  and  the  center  flap  on  the  lower  surface  has  a  travel  of 
+20®.  Flap  deflections  are  defined  positive  for  downward  deflections 
of  the  flap  trailing  edges. 

The  m.odei  has  attachable  t3p  fins,  a  trailing  edge  spoiler,  and 
an  attachable  conical  fairing  for  the  spherically  capped  cabin,.  The 
fins  are  attachable  to  the  cylindrical  wing  tips  of  the  model  and 
have  aylindriccil  leading  edges  with  sweepback.  The  spoiler  is 
attachable  to  the  lower  surface  of  the  model,  spanning  the  distance 
between  the  tip  fins,  and  has  a  height  equal  to  t|je  vertical  projec¬ 
tion  of  the  trajling  edge  flaps  when  deflected  20  ■,  The  instrumenta¬ 
tion  iocatione  ax’e  inolcated  in  Fig.  29. 
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The  pressure  and  heat  ti'ansfer  nr.odei  was  limited  to  a  12  inch 
span  to  fit  Inside  the  cooling  shoes  for  the  AEDC  50- Inch  Mach  ^ 
turmel*  A  geometrically  similar  model,  but  with  a  16.8  inch  span, 
was  used  to  obtain  six  component  force  and  moment  data  in  the  con¬ 
tinuous  flow  wind  tunnels.  As  indicated  in  Pig.  30,  the  balance 
cavity  extended  into  the  conical  cabin  fairing  and  all  force  data 
were  obtained  for  this  conical  cabin  configuration. 

Three  water  cooled  electric  motors  were  contained  within  the 
force  model  and  used  to  control  the  aileron-type  trailing  edge  flaps 
and  the  movable  apax  of  the  delta  wing.  Attachable  tip  fins,  full 
span -<-20  trailing  edge  flap,  and  trailing  edge  spoiler  wei^e  provided. 

A  third  geometrically  similar  model,  having  a  9- inch  span,  was 
tested  .In  the  AEDC  Hotshot  2  hypervelocity  facility.  Further 
descriptions  of  these  wing  body  models  are  giver  in  Refs.  12  through 
14,  16,  and  l8. 

Finally,  tnree  models  of  the  pyramidal  configuration  were 
required  for  the  force,  pressure,  and  heat  transfer  data.  The  con¬ 
figuration  has  a  triangular  cross  section  with  35^?  dihedral  angles 
(see  Pig.  1,  page  2).  The  lower  surface  of  the  model  is  a  blunt 
delta  wing  v.'ith  70°  sweepback.  The  planar  portions  of  the  dihedral 
surfaces  are  right  triangles  and  are  connected  by  a  cylindrical 
segment  that  forms  the  mode?fs  ridge  line.  The  three  cylindrical 
leading  edges  arid  the  spherical  nose  haye  the  same  radius  (also  the 
same  as  for  the  wing -body  configuration).  The  cross  sectional 
shape  is  the  same  as  one  of  the  ASD-General  Applied  Sciences  Lab¬ 
oratory  pyramidal  models  tested  in  the  AEDC  Hotshot  2  hypervelocity 
facility  (Ref.  ^6). 


A  photograph  of  the  pressure  and  heat  transfer  model  in  the  AEDC 
^0-inch  supersonic  tunnel  is  shovai  in  Fig.  31.  Again,  the  same  flap 
actuator  housing  as  used  for  the  models  described  earlier,  is  evident 
immediately  behind  the  model.  The  model  nas  four,  remotely  controlled, 
trailing  edge  flaps,  one  on  each  dihedral  surface,  and  two  on  the 


lower  surface 


that  are  actuated  as 
their  hinge  lined  ai 


d  pair.  The  flaps  have  rectangular 
e  parallel  to  the  base  of  the  model 
The  chords  of  the  remiotely  con- 


pi  anformr.,  and 

(perpendicular  to  the  ridge  line), 
trolled  i'‘laps  are  15  percent  of  the  virtual  length  of  the  model.  The 
flaps  are  deflectable  at  angles  between  0°  and  4o°,  measured  in  the 
p.’ anes  normal  to  the  flap  hinge  lines.  In  addition  to  the  remotely 
controlled  flaps,  one  pair  of  instrumented  flaps  having  a  set  deflec¬ 
tion  of  20°  and  a  chord  equal  to  25  percent  of  the  model  referer 
length  are  attachable  to  the  lovjsr  surface  of  the  model. 
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Figure  30.  Force  and  Moment  Mode"  of  Winged 
Re-entry  Configuration 


Figure  31.  Photograph  of  Pyramidal  Configuration  in 
the  AEDC  40-Inch  Supersonic  Tunnel 


The  model  has  attachable  canards  (Fig.  1,  page  2)  that  have 
cylindrical  leading  edges  and  45°  sweepback,  A  ventral  fin  is  attach¬ 
able  on  the  lower  surface  of  the  model  between  the  trailing  edge 
flags:  it  can  be  set  at  fin  (or  rudder)  deflection  angles  of  0*^  or 
+15°  (trailing  edge  left),  and  has  a  chord  equal  to  15  percent  of 
the  model  reference  length.  Instrumentation  locations  are  Indicated 
in  Fig.  32. 

The  flaps  on  the  dihedral  surfaces  of  the  force  model  (Fig.  33) 
were  remotely  controlled  using  water  cooled  motors  and  potentiometers 
contained  within  the  model.  The  lower  surface  flaps  vjsre  individually 
attachable  (sideslip  force  data  were  obtained  for  asymmetric  lower 
flap  settings).  The  upper  surface,  port  dihedral  flap  is  supported 
by  a  force  balance  beam  which  is  instrumented  for  flap  normal  force, 
hinge  moment,  sind  twisting  moment;  flap  loads  are  presented  in  Ref.  23. 

Finally,  pressure  and  heat  transfer  data  were  obtained  on  a 
geometrically  similar  model  in  the  Grummag  Hypersonic  Shock  Tup-nel. 

The  model  had  a  six- inch  span  and  only  40°  flaps  were  tested.  Further 
descriptions  of  these  models  are  given  in  Refs.  19  through  23. 

Sample  data  obtained  on  the  wing  body  and  pyramidal  configurations 
are  presented  in  the  following  section. 
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16.630  (lafcrme* 


Figure  32.  Line  Drawing  of  Pyramidal  Configuration  Pressure 
and  Heat  Transfer  Model 
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Controls  are  required  to  provide  maneuvering  capability  for  flight  f 

vehicles  and  can  also  be  used  to  supply  the  aerodynamic  stability  and  | 

trim  necessary  to  maintain  an  equilibrium  flight  trajectory.  The  most  | 

economical  and  straight-forward  type  of  control  for  a  vehicle  flying  | 

in  the  atmosphere  is  usually  an  aerodynamic  surface,  but  the  appllca-  I 

tlon  of  aerodynamic  control  surfaces  to  hypersonic  flight  vehicles  f 

presents  many  formidable  problems.  For  flight  at  very  high  altitudes,  | 

thick  boundary  layers  and  low  dynamic  pressure  may  render  aerodynamic  i 

controls  ineffective;  extensive  separated  flow  regions  induced  by  I 

deflected  controls  can  alter  the  aerodynamic  load  distribution  and  | 

stability  characteristics  throughcut  the  flight  regime.  The  over-all  | 

stability  problems  are  aggravated  by  the  large  ranges  of  speed  and  I 

angle  of  attack  encountered  by  hypersonic  flight  vehicles.  Further,  | 

these  vehicles,  as  envisioned  to  present,  tend  to  have  compact  | 

geometries  and  therefore  require  high  control  loads  to  produce  useful  | 

moments  about  the  center  of  gravity.  I 

Although  innuiTierable  control  configurations  are  possible,  the 
general  problem  areas  can  be  investigated  using  a  limited  niimber  of 
different  types  of  controls  on  simplified  configurations.  Thus,  the 
models  described  in  the  preceding  section  were  used  only  as  carriers 
for  a  wide  assortment  of  aerodynamic  controls  and  are  not  proposed  as 
actual  flight  configurations.  They  served  to  generate  different  types 
of  hjp^ersonic  flow  interactions  and  provided  information  on  control 
characteristics  and  effectiveness.  The  data  obtained  on  the  typical  1 

hypersonic  flight  configurations  are  readily  available  in  a  series  of  • 

Air  Force  reports  (Refs.  9  through  23,  see  Fig.  1,  page  2).  The 
reports  contain  plots  of  all  the  pressure,  aerodynamic  heating  rate, 
force,  moment,  and  flap  load  data,  and  also  many  flow  photographs. 

This  section  contains  selected  data  from  the  broad  experimental 
program  on  the  effectiveness  of  aerodynamic  controls  for  hypersonic 
flrv/  conditions.  Representative  results  are  presented  for  trailing 
edge  flap  type  controls.  The  term  "flap”  is  used  herein  to  denote 
controls  with  a  general  type  of  geometry,  rather  than  their  function. 

Thus,  trai3ing  edge  elevators,  ailerons,  or  elevens  are  all  referred 

to  as  flaps.  Results  for  the  other  aerodynamic  controls  tested  and 

salient  aspects  of  the  data  are  discussed  qualitatively.  , 

We  also  present,  in  the  Appendix,  a  synopsis  of  the  information 
on  hypersonic  aerodynamic  controls  available  in  the  literature.  For 
a  number  of  these  reports  we  present,  in  tabular  form,  infomation 
on  the  control  tested,  the  vehicle  configuration,  the  test  conditions, 
and  the  data  obtained.  The  remainder  of  the  reports  listed  in  the 
Appendix  will  also  be  of  great  interest  to  those  working  in  the  field 
of  hypersonic  aerodynamic  controls. 
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Delta  Wing  Body  Combination 


Partial  and  full  apsui  flaps  were 

a  blunted,.  60°  sweepback,  delta  wing  with  clipped  tips  and  an  over- 
siung  body  (see  preceding  section).  The  partial  span  flaps  were 
independently  operated  (travel  angle  of ^40^),  and  data  were  obtained 
for  both  symmetric  and  asymmetric  flap  settings.  The  wing  apex  was 
deflectable  (travel  ancle  of  -*=20®).  The  model  also  had  an  attachable 
trailing  edge  '‘spoiler”  (used  in  this  case  to  generate  pressures,  like 
a  4-90°  flap). 


•4-  4"  ^  ^ 


ux  cx 
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The  basic  wing-body  combination  provides  controls  information  for 
configurations  having  either  overslung  or  underslung  bodies.  For  con¬ 
venience  we  have  chosen  the  overslung  body  configuration  as  our  refer¬ 
ence  and  we  have  defined  the  coordinate  system  and  control  deflection 
angles  with  reference  to  this  basic  configuration  (positive  control 
deflection  angles  increase  Cjj  for<*<=<0).  Thus  the  positive  angle  of 
attack  regime  for  the  overslung  body  provides  the  aerodynamic  data 
for  the  xinderslung  body  at  negative  angles  of  attack.  The  sign  of 
the  flap  deflection  angles,  for  the  underslung  body  case,  must  be 
reversed  so  that  both  cases  are  viewed  in  the  same  reference  system. 

This  definition  fixes  the  flat  plate  surface  of  the  wing  as  the  lower 
surface  for  the  results  presented  herein.  The  angle  of  attack  is  i 

positive  when  the  flat  plate  surface  is  windward.  The  static  longi¬ 
tudinal  aerodynamic  characteristics  at  Mach  5  and  8  of  this  basic  | 

configuration  are  shovm  in  Pigs.  3^  through  36,  Increments  due  to  I 

synmetrlc  deflections  of  the  trailing  edge  flaps  are  presented  in  ! 

each  figure.  Fig.  3^  also  presents  the  angle  of  attack  for  zero  I 

normal  force  and  Fig,  35  presents  the  trim  angle  of  attack;  these  I 

are  presented  as  functions  of  the  flap  deflection  angle.  I 

The  flaps  are  effective  in  producing  foi-ce  increments  through  the  - 
entire  angle  of  attack  range  and  are  most  effective  when  deflected  in¬ 
to  the  incident  flow.  The  normal  force  Increments  increased  with 
angle  of  attack  for  positive  flap  deflections  at  positive  angles  of 
attack  and  negative  flap  deflections  at  negative  angles  of  attack  up 
to  angles  of  attack  of  about  +30°  and  -30°,  respectively.  Beyond 
these  angles  of  attack  the  Incremental  normal  force  coefficients 
decreased  with  increasing  angle  of  attack.  At  high  angles  of  attack 
and  large  flap  deflection  angles,  the  flap  is  almost  normal  to  the 
flow  and  contributes  little  to  the  normal  force  coefficients.  The 
geometric  effects  can  be  seen  by  comparing  the  curve  of  ACw  for 
=  iR  =  20°  and  40°.  For  the  20®  flap  deflection  case,  the  peak 
occurs  at «  ~4oo,  while  for  the  40°  flap  deflection  case,  the  peak 
ACn  occurs  atas;25°.  It  is  also  noted  that  the  flaps  produce 
Incremental  normal  force  coefficients  ti  rough  the  entire  angle  of 
attack  range,  even  when  they  are  deflected  out  of  the  flow  (Fig.  34);  in 
part  this  is  due  to  the  pressure  relief  on  the  windward  side  of  the 
model. 


With  the  moment  reference  center  at  60  per  cent  of  the  virtual 
root  chord  the  basic  configuration  was  statically  stable  at  Mach  5 
and  8  for  the  middle  portions  of  the  angle  of  attack  ranges  for  all 
flap  deflections  tested  (Fig,  35).  Based  on  the  trim  angles  obtained 
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at  Mach  +  it  is  believed  that  a  trim  point  '^ould  be  found  at  Mach  5 
for  the  40*^  flap  deflection  if  the  tests  had  been  extended  to  higher 
negative  angles  of  attsck.  Althougn  trim  points  were  found  for  all 
flap  deflection  angles  at  Mach  8  there-  are  large  ranges  of  angle  of 
attack  where  the  stability  of  the  configuration,  using  these  flaps, 
varies  from  margirial  to  neutral. 

Strong  pitch-up  (indicated  bv  a  decrease  in  restoring  moment 
negative  at  +  <»  and  positive  at  -a),  is  observed  v;hen  the  flaps  are 
deflected  into  the  flow.  The  angle  of  attack  at  which  pitch- up  occurs 
is  strongly  dependent  on  the  flap  deflection  angles.  This  dependency 
IS  caused  by  the  extensive  separated  flow  aur'eas  induced  by  large  flap 
deflection  angles.  This  flow  separation  tends  to  limit  the  pressutc 
rise  on  the  flap  but  induces  a  strong  pressure  rise  on  the  v/ing  forward 
of  the  flap  hinge  line.  The  forward  movement  of  the  -center  of  pressure, 
due  to  this  effect,  sharply  decreases  the  pitching  moments. 

In  the  angle  of  attack  rainge  where  the  flaps  arc  deflected  into 
the  flew,  and  prior  to  the  onset  of  pi ten- up,  these  fiaps  are  effective 
generators  of  restoring  moments  for  both  the  overslung  and  unders]ung 
configurations.  Due  to  the  marginal  stability  when  the  flaps  are 
deflected  out  of  the  flow,  the  trim  points  are  not  well  defined. 

The  axial  force  coefficients,  and  the  incremental  changes  due  to 
symmetric  flap  deflections,  for  Mach  5  and  S  flows,  are  presented  In 
Pig.  36.  As  expected,  the  axla3  force  Increments  induced  by  the  flaps 
are  positive  and  large  when  they  are  deflected  into  the  incident  flow 
and  small,  or  negative,  when  uhey  are  retracted  out  of  the  flow.  Tnese 
negative  increments  imply  a  reduction  of  the  .axial  force  coefficient  by 
the  retraction  of  a  sector  of  the  wing  from  a  high  pressure  area.  This 
same  effect  can  be  seen  in  the  normal  force  coefficients. 

The  addition  of  tip  fins  tc  this  configuration  produced  increases 
in  the  nonnal  force  coefficients  and  the  axial  force  coefficients  at 
both  Mach  5  and  8,  The  effectiveness  of  the  flaps  increased  In  the 
presence  of  the  tip  fins.  The  slope  of  the  resulting  pitching  moment 
curve  increases  and  the  extent  of  the  marginal  stability  range  -was 
decreased.  The  presence  of  the  fins  narrowed  the  latitiide  of  trim 
angles  associated  with  flap  deflection.  These  effects  art-  IHustrated 
in  the  following  sketch. 


Comparisons  Mere  obtained  between  the  partial  span  tra3 ling  edge 
flaps  and  a  full  span  flap  for  a  fJap  deflection  angle  of  •f-fO*'.  A 
f-all  span  spoiler,  having  the  same  height  as  the  -t20°  flap,  and  a 
deflectable  apex  were  also  tested  (see  preceding  section  for  further 
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description  of  tnese  controls).  As  eho\<n  'in  the  following  sketches, 
the  added  controt  surface  area  of  the  full  span  flap  produced  positve 
nc'-nial  and  ajcial  force  increnients  one  stronger  restoring  momerts.  The 
i^ll  span  spoiler  v/as  effective  in  producing  increrr.ents  of  normal 
force  and  restoring  pitching  moment  when  it  was  exposed  to  the  flow. 
The  effectiveness,  approximate!'/  the  same  as  the  full  span  flap,> 
increased  with  increasing  angle  of  attack  in  the  angle  of  attack  range 
of  0  to  +25  .  It  also  produced  increases  in  the  axial  force 
coefficients.  The  deflectable  apex,  although  it  produced  slight 
increments  in  normal  foice  and  pitching  moments,  was  not  as  effective 
as  the  other  controls  investigated. 
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The  lateral  and  direetloraal  characteristics  of  the  aileron  type 
flaps  on  the  basic  configuration  are  shown  in  Fig.  37 .  The  aileron 
controls  are  effective  over  the  range  tested  whether  they  are  deflected 
separately  or  differentially.  Around  a  «0,  the  individually  deflected 
flaps  produce  lower  rolling  moments  and  higher,  adverse,  yawing  moments 
than  the  differentially  deflected  flaps.  As  the  angle  of  attack  is 
increased,  and  one  of  the  differentially  deflected  flaps  is  shielded 
b;/  the  wing,  the  differences  in  response  of  both  types  of  roll  control 
dirftinish.  The  effectiveness  increased  with  increasing  control  deflec¬ 
tion  and  increasing  angle  of  attack.  The  adverse  yawing  moment  also 
increased  with  increasing  control  deflection  and  angle  of  attack  with 
the  exception  of  the  region  around  a  0  where  differential  flap 
deflections  tended  to  minimize  the  adverse  yawing  moments.  When  both 
flaps  are  exposed  to  the  flow  they  produce  opposite  (cancelling) 
yawing  moments  except  for  the  interference  loads  induced  on  the  body 
that  are  generally  quite  small.  The  addition  of  the  fins  had  little  effect 
on  zhe  yawing  moments  (^=0)  but  did,  in  general.  Increase  the  rolling 
effectiveness. 
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We  have  also  includec  a  group  of  preasure  and  heat  transfer 
distributions  In  order  to  provide  a  better  understanding  of  the 
effects  of  control  deflection  and  angle  of  attack  on  the  aerodynamic 
characteristics  of  the  vehicles  (Fig.  38).  These  distributions  are 
reprecentatlve  of  those  obtained  at  Mach  5  and  8  and  do  not  necessarily 
Indicated  the  peak  values  that  were  Induced  by  interference  effects. 

For  comparison  purposes  we  have  also  included  sample  Mach  19  data. 

The  complete  pressure  and  heat  transfer  distributions  can  be  found  in 
Refs.  9  through  17,  a  few  of  the  results  are  summarized  here. 

Evident  immediately  is  that  control  deflections  produce  large  increases 
in  pressure  and  heat  trcinsfer  on  the  control  itself.  Moderate  deflec¬ 
tion  angles  and  angles  of  attack  (a-^20°,  5-^20°)  do  not  induce 
extensive  separation  forward  of  the  hinge  line.  Large  flap  deflections 
induce  separation  far  forward  of  the  hinge  line  at  all  angles  of  attack 
while  at  high  angles  of  attack  all  flap  deflections  tested  induced 
strong  separation  effects  forward  of  the  hinge  line.  These  observa¬ 
tions  on  the  pressure  distributions  explain  the  increased  control 
effectiveness  in  the  low  and  interm.ediate  angle  of  attack  and  control 
deflection  ranges  (due  to  pressure  increase  on  controls  that  are  aft 
of  the  moment  center),  and  the  decrease  in  effectiveness  at  high  angles 
of  attack  (due  to  pressure  decrease  on  flap  and  pressure  increases  on 
wing  forward  of  moment  center) . 

The  heat  transfer  data,  presented  in  Fig. 38,  show  extreme  heating 
rate  values  on  the  flaps  at  high  angles  of  attack  and  large  deflection 
angles.  In  some  cases  the  measured  values  exceeded  those  calculated 
at  the  blunt  nose  stagnation  point.  This  heating  problem  is  a  major 
stumbling  block  to  the  design  of  hypersonic  aerodynamic  controls. 

Pyramidal  Configuration 

Trailing  edge  flaps  were  also  tested  on  the  blunt  pyramidal 
configuration  described  in  the  preceding  section  (Fig.  33) .  The  lower 
surface,  a  70®  sweptback  delta,  and  the  upper  (dihedral)  surfaces, 
have  15  percent  root  chord  trailing  edge  flaps.  Angle  of  attack  is 
referenced  to  the  lo\'?er,  delta  wing,  surface  and  is  positive  when 
this  surface  is  v/indward.  The  dihedral  surfaces  are  aligned  with 
the  flow,  and  their  flap  hinge  lin^s  are  perpendicular  to  the  flow, 
at  a  model  angle  of  attack  of  14.3'".  Flap  deflection  angles,  whether 
for  the  upper  on  lower  surfaces,  are  positive  when  deflected  away 
from  the  surface. 

The  static  longitudinal  aerodynamic  characteristics  of  the  basic 
pyramidal  configuration  are  shown  in  Figures  39  through  4l.  The 
experimental  data  are  presented  and  also  the  Increments  due  to 
symmetric  deflections  of  the  upper  or  lower  flaps.  The  angles  of 
attack  for  zero  normal  force  and  the  trim  angles  of  attack  are 
presented  as  functions  of  the  flap  deflection  angles  in  Figs.  39 
and  40. 

As  for  the  wing-body  combination,  the  flaps  v/ere  effective  in 
producing  useful  normal  force  Increments  and  restoring  pitching 
moments  when  deflected  into  the  incident  flow.  When,  hov/ever,  the 
flaps  were  shielded  by  the  body  they  were  Ineffective  as  controls. 
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The  normal  force  increments  Increased  with  flap  deflection  angle  and 
angle  of  attack;  the  Increases  being  in  the  positive  angle  of  attack 
range  for  the  lower  surface  flaps  and  in  the  negative  angle  of  attack 
range  for  the  upper  surface  flaps,  with  the  jnoment  reference  center 
at  60  percent  of  the  virtual  length  of  the  model,  this  configuration 
was  statically  stable  for  all  flap  deflection  angles  at  Mach  5  8. 


Trim  points  were  found  for  all  flap  deflection  angles.  The  spread 

of  trim  points  was  small  (from a - 10®  to  a  ~4-20®)  and  there  were  not 

any  regions  of  neutral  or  marginal  stability.  The  data  available 
indicate  that,  if  the  tests  had  be  '  extended  to  higher  values  of 
angle  of  attack,  a  pitch-up  problej,.  v/ould  have  been  encountered. 
Generally  speaking  the  increments  in  restoring  pitching  moment  co¬ 
efficients  Increased  with  both  flap  deflection  angle  and  angle  of 
attack.  Deflection  of  the  upper  (dihedral)  curface  flaps  produced 
larger  axial  force  coefficients  and  larger  increments  than  the  lower 
surface  flaps. 


Thr  longer  chord  lower  surface  flaps  (25  percent  root  chord) 
produced  modest  Increments  in  normal  force  and  restoring  pitching 
moment,  as  indicated  in  the  following  sketch. 


Short  Chord  Flaps - 

Long  Chord  Flaps - 

Effect  of  Flap  Chord  on  Pyramidal  Body 


The  lateral  and  directional  aerodynamic  characteristics  or  this 
configuration  due  to  single  flap  deflections  are  shown  in  Pig.  42. 

A  strong,  unstable,  yaw-roll  coupling  exists  similar-  to  that  for  the 
singly/  deflected  aileron  type  flap;  some  form  of  differential  flap 
deflection  would  be  required  to  eliminate  this  problem. 

The  canards,  when  mounted  on  the  basic  pyramidal  configuration, 
produced  positive  Inci-sments  in  normal  force,  axial  force,  and  nose- 
up  (destabilizing)  pitching  moment.  The  small  ventral  fin  (see  pre¬ 
ceding  section)  had  negligible  effect  on  the  normal  force.  It  produced 


75 


^4 


small  increases  in  the  axial  force  and  nose-down  (stablli'^ing)  pitcji- 
ing  moment;  in  the  low  side-slip  angle  range  it  provided  no  si.ipilf leant 
improvement  over  the  basic  body.  These  effects  are  Illustrated  in  the 
following  sketches. 


Basic  Pyramidal  Body  . . . 

Basic  +  Canards  — —  — — ~ 
Basic  +  Ventral  Fin  — — —  —  ~ 


Effect  of  Firjs  and  Canards  on  Pyramidal  Bo^ 


In  addition  to  the  six  component  force  and  moment  data  for  the 
configuration,  three  component  flap  loads  :vere  obtained  for  all  test 
conditions.  Plots  of  the  flap  normal  force,  hinge  moment  and  twisting 
moment  for  the  particularly  wide  range  of  test  conditions  indicated  in 
Table  I,  page  43 ,  are  presented  in  Bef.  23. 

Typical  pressure  and  heating  rate  distributions  along  flap  center- 
lines  are  shown  in  Fig.  43.  The  pressures  and  aerodynamic  heating 
rates  exhibit  generally  the  same  effects  as  previously  noted  for  the 
flaps  on  the  wing  boly  combination.  Again,  some  representative 
hypervelocity  (Mach  21,  Ref.  22)  data  are  included.  Plots  of  all  the 
pressure  and  heat  transfer  data  are  readily  available  in  Kefs.  19 
through  22. 


Seme  of  the  results  of  the  investigations  described  in  this 
section  may  be  summarized  as  follows; 

1)  Trailing  edge  flaps  of  reasonable  proportions  are  effective 
pitch  and  roll  controls  in  the  hj/per sonic  regime  and  are 
effective  trimming  devices. 


2)  Tip  fins  reduced  tr-im  angle  changes  due  to  flap  settings. 


3)  Strong,  adverse  yav.-~roll  coupling  results  from  the  use  of  a 
single  flap  (particularly  fora«0);  differential  flap 
settings  reduce  this  considerably. 
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Figure  43  Typical  Pressure  and  ^?eat  Transfer  Distributi^)ns  Along 
Flap  Centerline  fcr  Pyramidal  Configura;:ion 


4)  Deflected  flaps  induce  separated  flow  reglcns  on  the  vehic 
surface  forward  of  the  flap  and  produce  very  iilgil  heating 
rates  and  pressures  on  their  own  surface  and  Incres.ae  the 
heating  rates  and  pressures  on  the  vehicle  surface  forwax^o 
of  the  flap. 

5)  Full  span  flaps,  full  span  spoilers,  and  ca.nards  are  also 
effective  pitch  control  devices. 
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CONCLUSIONS  AND  RECOMMENDATIONS 


Only  the  more  salient  aspects  of  our  research  investigation  of 
h^'personif  flow  separation  and  control  characteristics  are  presented 
in  this  section.  The  entire  report,  by  its  format  and  intended 
nature,  is  a  summary  of  conclusions  drawn  from  the  prellm.lnary 
theoretical  and  experimental  investigations.  The  experimental  results 
were  disseminated  widely  (Refs.  5  through  21)  because  of  their  time¬ 
liness  and  tne  need  for  hypersonic  flow  data,  but  much  work  remains 
to  be  done  in  analyzing  the  data  and  understanding  the  observed 
phenomena . 

Aerodynamic  heating  rates,  pressure  distributions  and  loads  are 
severely  affected  by  separation.  The  extent  of  separation  depends  on 
the  nature  of  the  boundary  layer,  stream  conditions,  and  model  geometry 
Three-dimensional  effects  are  of  first  order  importance  for  the  highly 
vortical  reverse  flow  in  separation  regions.  Thus,  even  for  the 
seemingly  two-dimensional  models  (flat  plate  with  trailing  edge  flaps), 
the  separated  flow  is  essentially  three-dimensional  in  nature  and 
strongly  affected  by  finite  span  effects.  End  plating  the  model 
prevented  venting  of  the  trapped  reverse  flow  in  the  separation  region 
and  doubled  the  extent  of  separation.  This  greatly  changed  the  chord- 
wise  pressure  and  heating  rate  distributions,  increasing  their  values 
on  the  plate  surface  while  decreasing  their  values  on  the  flap  surface. 

Streamwlso  pressure  and  heating  rate  gradients  are  extremely 
large  Just  prior  to  reattachment  and  lead  to  exceptionally  high 
pressures  and  heating  rates  downstream  of  reattachment  on  trailing 
euge  flaps.  In  many  cases  the  peak  pressures  and  heating  rates  re¬ 
corded  on  the  trailing  edge  flaps  were  more  than  twice  as  large  as 
blunt  nose  stagiiation  point  values.  These  high  values  result  from 
the  flow  being  compressed  through  many  oblique  shock  waves,  thereby 
avoiding  strong  normal  shock  losses.  As  expected,  these  effects 
become  more  pronounced  for  the  higher  Mach  number  free  stream  flows. 

Leading  edge  separation  and  flows  over  sharp  expansion  corners 
were  investigated  to  determine  the  fluid  flow  mechanisms  responsible 
for  breakaway  separation.  This  type  of  separation  occurs  at  convex 
corners  where  the  local  pressure  gradient,  in  the  invlscld  sense,  is 
favorable.  It  was  found  that  in  the  complete  absence  of  adverse 
pressure  gradients,  even  for  machined  sharp  expansion  corners,  no 
flow  separation  occurred.  The  existence  of  an  adverse  pressure 
gradient  is  a  necessary  condition  for  separation.  However,  for 
breakaway  separation,  the  adverse  pressure  gradient  can  be  far 
downstream,  the  pressure  rise  effects  are  propagated  upstream  through 
the  boundary  layer.  Thus,  as  for  standard  boundary  layer  separation, 
adverse  pressure  gradients  were  found  to  be  the  prime  cause  of  break¬ 
away  separation. 
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The  interaction  due  to  a  fin  generated  shock  wave  with  the 
boundary  layer  on  a  flat  plate  is  fundamentally  dj.fferent  for  super¬ 
sonic  and  hypersonic  flov;s.  In  supersonic  ^lows,  the  region  of 
separation  on  the  plate  surface  is  limited  to  the  vicinity  of  the 
shock  wave.  In  hypersonic  flows,  the  separated  flow  region  on  the 
plate  extends  from  the  fin  root  to  far  outboard  of  the  shock  location. 
The  line  of  separation,  far  enough  downstream  of  the  fin  leading  edge, 
more  nearly  follows  a  conical  ray  emanating  from  the  fin  leading  edge. 
The  large  extent  of  the  separated  flow  region,  in  part  is  due  to  the 
thickness  of  the  hypersonic  boundary  layer. 

Separated  flows  ahead  of  trailing  edge  flaps  on  typical  hypersonic 
flight  configurations  are  predominantly  three-dimensional.  Spanwise 
gradients  of  pressure  and  heating  races  are  equal  in  magnitude  to 
their  streamwise  gradients.  When  finite  span  effects  are  better  under¬ 
stood,  it  is  recommended  that  leading  edge  bluntness  effects  also 
be  investigated.  These  effects  .^,hould  then  be  Included,  probably 
empirically,  in  establishing  engineering  methods  for  predicting  the 
extent  of  separation  ahead  of  trailing  edge  flaps.  Probably  in  con¬ 
junction  with  the  aerodynamic  neatlng  rate  estimates,  engineering 
methods  should  be  developed  for  calculating  shear  forces. 
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APPENDIX 


DATA  TABLES  AInID  BIBLIOGRAPHY 


This  section  lists  many  reports  that  contain  information  pertain¬ 
ing  to  aerodynamic  control  characteristics  v;lth  emphasis  on  hypersonic 
flows.  The  types  of  Information  contained  in  many  of  the  reports  are 
outlined  in  tabular  form.  The  tables  provjde  the  reader  with  a  rapid 
method  of  determining  the  general  type  of  information  contained  in 
each  report  or,  conversely.  Just  which  reports  contain  the  information 
he  desires. 

The  tables  give  the  tiT)e  of  control  investigated,  the  configura¬ 
tion  upon  which  it  was  investigated,  the  test  conditions,  and  the  main 
information  presented  in  each  of  the  referenced  reports.  An  “X''  in  a 
row  in  the  data  section  indicates  the  data  that  are  presented  in  a 
given  report.  Similarly,  in  the  configuration  section,  am  "X" 
indicates  the  configuration  upon  which  the  listed  control  was  investi¬ 
gated.  In  order  to  maintain  the  tabular  data  foi’m  and  stiDl  present 
a  maximum  of  information,  the  letter  code  on  the  follov/lng  page  was 
established  and  used  to  provide  the  additional  Infor-mation  in  compact 
form. 


The  tables  supersede  those  in  our  preliminary  survey  report 
(Ref.  l) ,  Many  additional  references  have  been  adoed  and  more  in- 
formci.,lon  is  tabulated  for  each  reference. 
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LETTER  CODE  FOR  DATA  TABLES 
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